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ABSTRACT

Pneumatic active control of asymmetric vortical flows
around slender pointed forebody is investigated using the
three-dimensional solution of the compressible thin-layer
Navier-Stokes equations. The computational applications
cover the normal and tangential injection control of asym-
metric flows around a 5°-semi-apex angle cone at 40°
angle of attack, 1.4 freestream Mach number and 6x10°
freestream Reynolds number (based on the cone length).
The effective tangential-angle range of 67.5°— —67.5°
is used for both normal and tangential ports of injec-
tion. The effective axial length of injection is varied
from 0.1 to 0.26 and the maximum mass-flow rate is var-
ied from 0.03 to 0.05. The computational solver uses the
implicit, upwind, flux-difference splitting finite-volume
scheme and the grid consists of 161x55x65 points in the
wrap-around, normal and axial directions, respectively.
The results show that tangential injection is more effec-
tive than normal injection

INTRODUCTION

The probiem of asymmetric flow around slender bod-
ies and wings in the high angle-of-attack range is of vital
importance to the dynamic stability and controllability of
missiles and fighter aircraft. The onset of flow asymme-
try occurs when the relative incidence (ratio of the angle
of attack to nose semi-apex angle) of pointed forebodies
exceeds certain critical values. In addition to the rela-
tive incidence as one of the influential parameters for the
onset of flow asymmetry, the freestream Mach number,
Reynolds number and the shape of the body cross sec-
tional area are also influential parameters. The flow asym-
metry develops due to absolute or convected disturbances.
Passive control of flow asymmetry can be achieved by
using vertical fins along the leeward plane of geometric
symmetry'?, side-strakes near the body nose*$, rotatable
forebody tips which have variable cross sections’ and
boundary-layer trips on the windward side of the fore-
body surface.® However, passive-control methods have
limited effectiveness at very high angles of attack and are
incapable of providing adaptive control capability.
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Various active-control methods have been used either
to eliminate forebody vortex asymmetry and the corre-
sponding side force and yawing moment, or to provide
additional controlled forces and moments to rapidly ma-
neuver modern fighter aircraft. The focus of the present
paper is on active-control methods that eliminate or alle-
viate forebody vortex asymmetry and the corresponding
adverse aerodynamic loads. Active-Control methods in-
clude blowing and suction, spinning and rotatory oscilla-
tion and surface heating; among others. The effectiveness
of normal blowing was investigated by Peake et. al* !0,
Almosnino and Rom'! and Kandil et al'2. The effective-
ness of tangential blowing was investigated by Wood et
al'> 14 and Kandil et al'?. Active control of asymmetric
flows around slender pointed bodies using spinning and
rotatory oscillations of the body, body nose tip or a band
of the body has been investigated by Kruse!®, Fidler',
Contanceau and Ménard!’, Taneda! and Kandil et al'®.

Research work on using normal and tangential blow-
ing to produce side forces and yawing moments to rapidly
maneuver modern fighter aircraft was recently conducted
by Tavella and Schiff?’, Murman et al*!, Kramer et al®
and Celik?®. An extensive review of the literature of ac-
tive control methods can be found in the Ph.D. disserta-
tion of Sharaf El-Din?*,

In the present paper, Computational research work
is focussed on the injection active control of three-
dimensional asymmetric flow around a pointed-nose cone
representing a forebody. By using the effective tangential
angle range of injection of 67.5°— —67.5° of Ref. 19,
by the present authors, the effective axial length of in-
Jection (measured from the body nose) and the maximum
mass-flow rate of injection are considered. Both normal
and tangential injection are investigated.

FORMULATION AND
COMPUTATIONAL SCHEME

Thin-layer Navier-Stokes Equations

The conservative form of the dimensionless, un-
steady, compressible, thin-layer Navier-Stokes equations
in terms of time-independent, body-conformed coordi-
nates £',£2, and &2 is given by
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The first element of the three momentum elements of Eq.
(5) is given by
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The second and third elements of the momentum elements
are obtained by replacing the subscript 1, everywhere in
Eg. (7)., with 2 and 3, respectively. The last element of
Eq. (5) is given by
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where
W = 6a€%u,. (10)

The reference parameters for the dimensionless form of
the equations are L, Go, L/Gy, poc and po for the
length, velocity, time, density and molecular viscosity,
respectively. The Reynolds number is defined as Re
= pooVool/theo, and the pressure, p, is related to the
total energy per unit mass, e, and density, p, by the gas
equation

1
P=(7—1)P(C-§un“u)- 03))
The viscosity, g, is caiculated from the Sutherland law

y= T (;_1%) C=04317, (1)

and the Prandtl number Pr = 0.72.

In equations (1)—(11), the indicial notation is used for
convenience. The subscripts k£ and n are summation in-
dices, the superscript or subscript s is a summation index
and the superscript or subscript m is a free index. The
range of k,n, s and m is 1-3, and §; = §/8z,. In equa-
tons (1)-(12), uy is the Cartesian velocity component,
Um the contravariant velocity component, 7, the Carte-
sian component of the shear stress tensor, ¢; the Cartesian
component of heat flux vector, a the local speed of sound
and M, the freestream Mach number.

Boundary and Initial Conditions

The boundary conditions are explicitly satisfied. in
general, they include inflow-outflow conditions and solid-
boundary conditions. For problems of fiow asymmetry,
where the flow is solved throughout the whole computa-
tional domain, periodic boundary conditions are used at
the plane of geometric symmetry of the body.

For the asymmetric flow problems around siender
bodies and for supersonic inflow-outflow boundary, the
Riemann-invariant boundary conditions are used. They
require that the inflow variables be at the freestream con-
ditions, and the conical shock enclosing the body be cap-
tured as part of the solution. For supersonic outflow
boundary, the Riemann-invariant boundary conditions re-
quire that all flow variables be extrapolated from the in-
terior cells. On the solid boundary, without injection,
the no-slip and no-penetration conditions are enforced.
Moreover, the zero normal-pressure gradient and adia-
batic boundary condition are enforced. For the present
active control problems, the mass-flow rate is specified
at the body surface for the normal injection control. For
the tangential injection control, the mass-flow rate and
tangential velocity are specified.

The initial conditions correspond to the uniform flow
conditions with u; = uy = uy = 0 on the solid boundary.
These conditions are used to obtain the asymmetric flow
solution. Next, the flow control conditions are enforced
and the previously obtained asymmetric solution is used
for the initial conditions of the active control problem.

Computational Scheme

The implicit, upwind, flux-difference splitting, finite-
volume scheme is used to solve the unsteady, compress-
ible, thin-layer Navier-Stokes equations. The scheme uses
the flux-difference splitting scheme of Roe which is based
on the solution of the approximate Riemann problem. In
the Roe scheme, the inviscid flux difference at the in-
terface of computational cells is split into two parts; left
and right flux differences. The splitting is accomplished
according to the signs of the eigenvalues of the Roe
averaged-Jacobian matrix of the inviscid fluxes at the cell
interface. The min-mod flux limiter is used to eliminate
oscillations at locations of large flow gradients. The vis-
cous terms are differenced using a second-order accurate
central differencing. The resulting difference equation is
approximately factored and is solved in three sweeps in



the €', €2, and €2 directions. The computational scheme
is coded in the computer program “FTNS3D™ which is a
modified version of the “CFL3D"” Code.

COMPUTATIONAL STUDY AND DISCUSSION

Flow Conditions and Grid:

For all the computational studies in this paper, a 5°
semi-apex angle circular cone, representing the forebody,
at 1.4 freestream Mach number and 6x10° freestream
Reynolds number (based on body length) is considered.
The grid consists 161x55x65 points in the wrap-around,
normal and axial directions, respectively. The gnd is
generated with a modified Joukowski transformation in
the cross-flow planes with a minimum grid size of 107
in the normal direction at the body surface. A geometric
series is used for grid clustering in the normal direction
and another geometric series is used for grid clustering
in the axial direction in the nose region. Figure 1 shows
a typical gnd.

Asymmetric Flow Solution (No Control):

While the numerical disturbances (Machine round-off
error) were sufficient to simulate wind tunnel or real flight
disturbances in producing the asymmetry in the flowfield
for conical flow solutions®, such disturbances are insuf-
ficient for the three-dimensional solution of thin-layer
Navier-Stokes equations since the three-dimensional so-
lution never reached to machine zero during the iterative
solution. The disturbance in the present case is applied
physically, such as a transient short-time side-slip distur-
bance. For the case under consideration, a side-slip dis-
turbance of 10° is applied for 300 iteration steps. Next,
the disturbance is removed and the asymmetry was per-
sistent.

In Fig. 2, the surface-pressure coefficient is shown at
several different axial stations along the cone length, and
Fig. 3 shows the total-pressure-loss contours at the same
axial stations. From these figures as well as Fig. 4, which
is a three-dimensional view of stagnation-pressure con-
tours at different axial stations, one can observe that the
flowfield is highly asymmetric. Also, it is observed that
the vortex asymmetric structure is changing sides with the
axial direction, and hence the comresponding side forces
are changing directions along the cone axis. Examin-
ing the figures at different axial stations, one concludes
that the asymmetry grows spatially in the axial direction.
This is in agreement with both experimental and compu-
tational results which relate the onset of asymmetry with
small disturbances starting at the body nose and growing
in the downstream direction. Since the solution is steady,
the vortex shedding is a spatial one.

The fact that the flow asymmetry is not one-side bi-
ased restricts the choice of the active control method.
Uniform mass injection would be of limited effectiveness

since either it will be applied in a symmetric or antisym-
metric way and either of the two methods will not be
effective along the cone length. Hence, a variable in-
jection mass-flow rate per unit area approach, similar to
the one used in the conical flow applications!?, is chosen.
The variable injection idea is based on sensing the pres-
sure difference between the corresponding points on the
right and left sides of the cone and applying a mass-flow
rate that is proportional to this difference. The maximum
mass-flow rate, Mm,,, corresponds to the maximum of
all pressure differences between the corresponding points
on the right and left sides.

Normal Injection:

The reference case solution is used as initial condition
for the normal injection control under consideration, in
which Iz, is chosen to be 0.1. The effective angle of
the injection; 6.y extends from —67.5° to 67.5°, where
6.5y is measured from the leeward side of the geometric
plane of symmetry. The maximum mass-flow rate is 0.05.

Figures 5-7 show the surface-pressure coefficient at
different axial stations, the total-pressure-loss contours at
different axial stations and the stagnation-pressure con-
tours at different axial stations, respectively. Comparing
these figures with the comresponding figures of the ref-
erence case, it is observed that the asymmetry has been
climinated on about 70% of the coné length, and signifi-
cantly reduced on the remaining 30% of the cone length.
It is also observed that both the surface-pressure coef-
ficient and the total-pressure loss-contours show small
regions of asymmetry that grow along the cone length.
These observations show that the level or area of injec-
tion used is insufficient to eliminate the asymmetry over
the entire cone length.

Next, the effective length of injection is increased to
lery = 0.15 while sy, is kept at 0.05. The results (not
shown) indicated that the flowfield became symmetric up
to 80% of the cone length only. Slight asymmetry was
observed on the remaining 20% of the cone length.

Increasing the effective length of injection to lzp =
0.26 eliminates the flow asymmetry over the entire cone
length. The results of this case are shown in Figs. 8-10.
No asymmetry in the flowfield or the surface pressure can
be observed. To study the effect of the mass flow rate,
the previous case is repeated with mp,,, = 0.03 keeping
l.sr = 0.26. The results of this case were identical to the
previous case.

Tangential Injection:

The direction of the injection in this case is tangent
to the body surface towards the leeward plane of geomet-
ric symmetry. The initial conditions for this case is the
solution of the reference case of Figs. 2-4. The effec-
tive angle of injection is chosen to extend from —67.5° to
67.5°, and the maximum mass-flow rate per unit area is
taken to be 0.05, while the effective length of injection



1s 0.1. The results of this case are shown in Figs. 11-13.
The results show that the flow has recovered its symmetry
and there is no sign of any significant asymmetry. Com-
paring these results with the corresponding results for the
normal-injection case; Figs. 5-7, we conclude that tan-
gential injection control is more effective than normal-
injection control in eliminating the fiow asymmetry and
the comresponding side force for the same flow conditions.

CONCLUDING REMARKS

The compressible thin-layer Navier-Stokes equations
have been solved to investigate the effectiveness of the
active control using flow injection on a slender pointed
cone. First, flow asymmetry has been obtained around
the cone by inducing a short-time side-slip of 10° as a
transient flow disturbance. The disturbance is induced
for 300 iteration steps and then removed. Flow asym-
metry was persistent in the form of vortex asymmetric
structure which changed sides along the cone length and
showed spatial vortex shedding. Flow asymmetry was
not possible using disturbances in the form of machine
round-off error (as in the case of conical flows) since the
residual error never reached machine zero during the it-
erative solution. Once the asymmetric flow is obtained,
the injection control is applied using normal or tangential
fiow injection. The effective injection angle, length and
maximum mass-flow rate are specified and the boundary
conditions are modified according to the type of injection
control; normal or tangential. The maximum mass-flow
rate is used for the maximum pressure difference between
the right and left sides of the cone. For the pressure dif-
ference between other corresponding points on the right
and left, a mass-flow rate which is proportional to this
difference is used. It has been shown that the tangential
injection control is more effective than the normal injec-
tion control for the same flow conditions. In the present
study, the cone angle of attack is kept fixed at 40° and no
additional flow cases have been investigated due to the
limitation on the computational resources.

ACKNOWLEDGMENTS

For the first two authors this research work is sup-
ported by the NASA Langley Research Center under
Grant No. NAG-1-994. The authors acknowledge the
computational time on the CRAY C-90 provided by the
NAS Program at NASA Ames Research Center and the
Computation time on the CRAY YMP provided by the
NASA Langley Resecarch Center.

10.

1.

12.

REFERENCES

. Stahl, W., “Suppression of Asymmetry of The Vortex

Flow Behind a Circular Cone at High Incidence,”
AIAA Paper No. 89-3373-CP, AIAA Atmosphe:ic
Flight Mechanics Conference, 1989, pp. 231-236.

. Degani, D., “Effect of Splitter Plate on Unstealy

Flows around a Body of Revolution at Incidence:,”
Physics of Fluids A, vol. 3, September 1991, pp.
2122-2131.

. Kandil, O. A., Wong, T.-C., Kandil, H. A., and Liu, Z.

H., “Computation and Control of Asymmetric Vort=x
Flow Around Circular Cones Using Navier-Stokes
Equations,” in ICAS Paper No. 3.5.3, vol. 2, 1990,
pp. 883-893. .

. Kandil, O. A, Wong, T.-C., and Liu, C. H., “Pre-

diction of Steady and Unsteady Asymmetric Vortical
Flow Around Cones,” AIAA Journal, vol. 29, De-
cember 1991, pp. 2169-2178.

- Kandil, O. A, Wong, T.-C., and Liu, C. H., “Asyra-

metric Supersonic Flow Around Cones with Noncir-
cular Sections,” in AGARD CP 493, Missile Aerody-
namics, Paper No. 16, 1990.

. Ng, T. T., “Effect of a Single Strake on the Foreboly

Vortex Asymmetry,” Journal of Aircraft, vol. 27,
September 1990, pp. 844-846,

. Moskovitz, C., Hall, R. and DeJamnette, “Experimen-

tal Investigation of a New Device to Control the
Asymmetric Flowfield on Forebodies at Large Angles
of Attack,” ATIAA 90-0069, 1990.

. Rao, D. M., “Side-Force Alleviation on Slender,
Pointed Forebodies at High Angles of Attack,”

Journal of Aircraft, vol.
763-768.

16, November 1979, p».

. Peake, D. J. and Owen, F. K., “Control of Forebocy

Three-Dimensional Flow Separation,” in AGARD
Cp-262, Aerodynamic Characterstics of Controls, Pa-
per No. 15, 1979.

Peake, D. J., Owen, F. K., and Johnson, D. A., “Con-
trol of Forbody Vortex Orientation to Alleviate Sicle
Forces,” AIAA Paper No. 80-0183, 18th Aerospace
Sciences Meeting, January 1980.

Aimosnino, D. and Rom, J., ‘“Laterial Forces on a
Slender Body and Therir Alleviation at High Inci-
dence,” Journal of Spacecraft, vol. 18, Septembe--
October 1981, pp. 393-400.

Kandil, O. A,, Sharaf El-Din, H. H., and Liu, C. H.,
“Recent Advances in Computational Active Control
of Asymmetric Flows around Conical Forebodies "
in Fourth Internation Conference of Fluid Mechanics,
Alexandria, Egypt, April 1992, pp. 237-249.



13.

14.

15.

16.

17.

18.

19.

Wood, N. J. and Roberts, L., “Control of Vortical Lift
on Delta Wings by Tangential Leading-Edge Blow-
ing,” Journal of Aircraft, vol. 25, March 1988, pp.
236-243.

Wood, N. 1., Roberts, L., and Celik, Z. Z., *“The
Control of Asymmetric Vortical Flows Over Delia
Wings at High Angles of Attack,” AIAA Paper No.
1989-3347-CP, 1989.

Kruse, R. L., “Influence of Spin Rate on Side Force
of an Axisymmetric Body,” AIAA Journal, Vol. 16,
No. 4, April 1974, pp. 415-416.

Fidler, J. E., “Active Control of Asymmetric Vortex
Effects,” J. of Aircraft, Vol. 18, No. 4, April 1981,
pp. 267-272.

Coutanceau, M. and Ménard, C., “Influence of Rota-
tion on the Near-Wake Development behind an Im-
pulsively Started Circular Cylinder,” Journal of Fluid
Mechanics, Vol. 158, 1985, pp. 399-446.

Taneda, S., “Visual Observations of the Flow Past a
Circular Cylinder Performing Rotatory Oscillation,”
Journal of Physical Society of Japan, Vol. 45, 1978,
pp. 1038-1043.

Kandil, O. A., Sharaf El-Din, H. H. and Liu, C. H.,
“Active Control of Asymmetric Conical Flow Using
Spinning and Rotatory Oscillation,” AIAA 93-2958,

20.

21.

22.

23.

24,

AJAA 24th Fluid Dynamics Conference, Orlando, FL,
June 6-9, 1993,

Tavella, D. A. and Schiff, L. B., “Pneumatic Vortical
Flow control at High Angles of Attack,” AIAA Paper
No. 90-0098, 28th Aerospace Sciences Meeting,
January 1990.

Murman, S. M, Rizk, Y. M., Cummings, R. M.,
and Schiff, L. B., “Computational Investigation of
Slot Blowing for Fuselage Forebody Flow Control,”
AIAA Paper No. 92-0020, 30th Asrospace Sciences
Meeting and Exhibit, January 1992.

Kramer, B. R, Suarez, C. J, Malcoim, G., and
James, K. D., “Forebody Vortex Control with Jet
and Siot Blowing on an F/A-18," AIAA Paper No.
93-3449-CP, 1993. o

Celik, Z. Z., “Dynamic Roll and Taw Control by
Tangential Forebody Blowing,” AIAA Paper No.
94-1853-CP, 12th AIAA Applied Aerodynamics
Conference Colorado Springs, CO, June 1994.

Sharaf El-Din, H. H., “Simulation of Active Control
of Asymmetric Flows Around Slender Pointed Fore-
bodies,” Ph.D. Dissertation, Aecrospace Engineering
Department, Old Dominion University, Norfolk, VA,
December 1994.



08
0.6
04
0.2

-0.2
-0.4
-0.6
-0.8

Fig. 1.

1 1 1 1 1 1 1

50 100 150 200 250 300 350
theta

x=0.6

L I I i 1 I

0 50 100 150 200 250 300 350

theta

Cp

n

0 50 100 150 200 250 300 350
theta

08
0.6
0.4
0.2

-0.2
0.4
-0.6
-0.8

x=0.8

| 1 i 1 1 1 |

0 50 100 150 200 250 300 350
theta

A typical three-dimensional grid around the cone, 161x55x65.

038
0.6
04
0.2

-0.2
-04

-0.6
0.8 1 1 [ | 1 1 1

0 50 100 150 200 250 300 35C
theta

1
08
0.6
04
0.2

0
-0.2
-04

-0.6
0.8 11 ).t 1 1

0 50 100 150 200 250 300 350
theta

Fig. 2. Surface-pressure coefficient at different axial stations for a circular cone at
a =40° My = 1.4, R, =6 x 105

6



F 0828547
ool E 0769737
D 0710526
C 0651316
B 0582105
0.020 - A 0532894
9 0473684
8 0414474
0010 7  0.55263
6 0296053
5 0238842
0.000 | 4 0177631
3 0118421
2 00592108
10
0010 . . . ‘ '
£030 0020 <0010 0000 0010 0020 00X
F 0893760
025 € 0820928
D 0788088
oz0lb C 0702247
B 0638406
015} A 0574566
® 0510726
010 8  Ousess
7 0383044
oost 6 0319203
5§~ 0255363
oot 4 0191522
3 - 0.127681
oot 2 0.0638406
‘ 10
02 02
Fig. 3.

c12r
030
0.08 -
0.06 -
004
0.02F
0.00

002

“NuUALNaVBLI>DOOMT

0.880821
0.817905
0.754989
0.692074
0.629158
0.566242
0.503326
0.44041
0.377495
0.314579
0251663
0.188747
0.125832
0.0629158
[

0.30 |-

020+

0.10

0.00 +

.10

0.05

“ MW AN >TOOM™NM

L
0.10

0.863265
0.801803
0.739941
0.67828
0616618
0.554956
0.493294
0.431632
0.369971
0.308309
0246847
0.184985
0.123324
0.0616618
o J

02 03

Total pressure loss contours at different axial stations for a circular cone at
a = 40°, My = 1.4, R. = 6 x 10°.

Stagnation Pressure Contours
5 Semi-apex angle cone
M=14

Re=6,000,000

a =40

No control

Fig. 4. Stagnation pressure contours at different axial

7

—

g



08
0.6
0.4
0.2

-0.2
-04

06 - n
08 S S TR S N

100 150 200 250 300 350
theta

x=0.6

-0.6 -
08 T T T B

0 50 100 150 200 250 300 350
theta

0.8
0.6
04
0.2

-0.2
-0.4
06

! 1 1 1 1 L1

-0.8

50 100 150 200 250 300 350
theta

x=0.8

0

50 100 150 200 250 300 350
theta

Cp

0.8
0.6
04
0.2

-0.2
-0.4
-0.6

1 3 .1 1 .t

-0.8

S0 100 150 200 250 300 350
theta

1
0.8
0.6
0.4
0.2

0

-0.2
-04
-0.6

1 | 1 11 [ 1

-0.8
0

50 100 150 200 250 300 350
theta

Surface pressure coefficient at different axial stations for a circular cone with normal

0.833904
0.774422
0.714852
0.855281,
0.58571
0538138
0.476568
0.416997
0357426
0297855
0238284
0.178713
0.119142
0.056571
° L

i n 1
<0.080 -0.060 -0.040 0.020 0.000 0.020 0

F

E

o]

c

8

A

®

8

.7

6

5

4

3

2

.1
.040

1
0.060 0.080

0.848824
0.788337
0.725849
0685382
0.804874
0544387
0.483099
0.423412
0362925
0.302437
024188
0.181482
0.120975
0.0604874
[

SN AANIENPOPDOOOMTM

Fig. 5.
...  ano _ _ .
injection, o = 40°, M, = 1.4, R, = 6 x 105, legr = 0.01, 8,55 =+67.5° — —67.5°,
Mmaez = 0.05.
F  o0.832288
0030l E 0772829
D 07133
C 0653941 008
B 0594491
0.020 + A 0535042 0.06 |-
9 0475503
8 0416144 oo |
0010 7 0.356695
6 0297246 ocel
5 0237797
4 0178347
0.000 | 3
3 0118898 0.00
2 0.0504491
1 o 002F
©.010 o~ . J 1 1 L
©.030  ©0.020 0020  0.030
0.843468
ozst
0.78322 0s0h
0.722973
0204 0.662725
0.602477
0.5} 0.542229 020
0.481982 ’
o.10f 0421734
: 0.361408 o.10f
0osf 0.301238
0240991
0.00 F 0.180743 0.00 b
0.120495
oosh 0.0602477
1, 1 » ° g 1 il
02 0.1 0.0 01 02 22 0.1

0.0

1
0.1

02 03

Fig. 6. Total pressure loss contours at different axial stations for a circular cone with norma!
injection at a = 40°, Moo = 1.4, Re = 6 x 10%, Ly = 0.1, O = +67.5° — —67.5,

Mmaz = 0.05.

8



Stagnation Pressure Contours

S Semi-apex angle cone

M-=14

Re=6,000,000

a =40

Active control using normal injection
Effective injection length=0.10

Effective injection angle=-67.5 to 67.5
m,,~0.05 =2

Cp

Cp

0.6

06 N I W W | -0:6 — -
gl 1 1111 08 L—11 ogl—t 1 1111
0 SO 100 150 200 250 300 350 0 SO 100 150 200 250 300 350 0 SO 100 150 200 250 300 350
theta theta theta
x=(.6 x=0.8
T ¥ 1 T T T T T 7
-1 08 - -
- 06 - -~
- 04 - -~
- 02 | - o
0 [ 8]
\ .7 2h/  \d -
04 \
- -0.6 - b X -1
_osllllll _o.slllllll gl—atl t 1 1 1 1 1
.0_501001502(117503“)350 0 SO 100 150 200 250 300 350 0 50 100 150 200 250 300 350
theta theta theta

Fig. 8. Surface pressure coefficient at different axial stations for a circular cone at o = 40°,
M., =14, Re =6x 108, l.s; = 0.26, 855 = +67.5° — —67.5°, rimaz = 0.05.

9



F 0832288 F  osITem
0030} € om0 0.120 E— E 0777478
D 071339 D 071767
C  0.653941 0.100 F C  0.657864
B 0.504491 B 0598050
0.020} A 0535042 0.080f A o
9 0475593 oosol 9  0.478447
8 0418144 - 8 0418841
0010} 3 7 0.358695 0.040F 7 0358835
€ 0297246 6 0299029
5 0237797 ooz 5 023922
o000l 4 0.478347 0000k 4 0.179418
3 o.1188%8 3 0119612
2 0.0504491 -0.020 r 2 opsms'
1 ¢ 10
_oorg I L 1 A ] ] : N ,
030 0020 0010 0000 0010 0020 0030 £.10 0.05 0.00 0.05 0.10
F  osaziow F 0833945
oz} E 0772886 0.30 t E 0774378
D 0713408 D 071481
oo} € 0853957 C 0655243
B 0504508 020l B 0505675
0.15 - A Om A °m1°7
® 0475805 9 047884
o0} 8 0.418155 ¢ 0418972
) 7 0358704 - o.10} 7 0357405
005} [ 0297283 [ 0297837
8 02’7‘03 [3 [] m
ook 4 0178382 000} 4 0178703
3 0.118501 3 0119138
005F 2 0.0584508 2 0.0595675
1 1 o ) L 1 Ol
02 02 Q02 02 03

Fig. 9. Total pressure loss contours at different axial stations for a circular cone at a = 40°,
My =14, R, =6 x 10%, l.57 = 0.26, Oefs = +67.5° — —67.5°, mmqer = 0.05.

Stagnation Pressure Contours

5 Semi-apex angle cone

M=14

Re=6,000,000

a =40

Active control using normal injection
Effective Injection length=0.26

Effective injection angle=-67.5t0 67.5
m,,=0.05 o4

Fig. 10. Stagnation pressure at different axial stations.

10



0.8
0.6
04
0.2

-0.2
-04

-0.6
ogl—t 1 ¢ 1 1 1 3

0 S0 100 150 200 250 300 350
theta

x=0.6

8 1 1 1 1 1 ] 1
"0 S0 100 150 200 250 300 350
theta

0.8
0.6
0.4
0.2

-0.2

-0.4

-0.6 - -

-08 1 1 1 1 1 1 1

0 50 100 150 200 250 300 350
theta .

x=0.8

08 [ N NN NN TN S |
0 50 100 150 200 250 300 350
theta

08 I U S S T M |
0 50 100 150 200 250 300 350
theta
x=1.0

1
08
0.6
0.4
0.2

0

-0.2
-04
-0.6
-0.8

1 1 1 1 1 1 1

0 50 100 150 200 250 300 350
theta

Fig. 11. Surface pressure coefficient at different axial stations for a circular cone with tangential
injection at o = 40°, Mo = 1.4, R, = 6x 105, l55 = 0.1, 8,55 = +67.5° — —67.5°,

rhmaz = 0-05¢
F 0848523 F  0.833994
oozl E 0787914 E 0774423
D 0727305 ooal D 071485
ca: g.sssaw C 0655281
806088 B 050571
0.020 A 0545478 0.06 A 053613
0 0.48487 9 0478568
B 0.424262 0.04 F 8 0416997
0010} 7 0.363653 7 0357426
6  0.303044 o2k 6 0207855
5§ 0242435 5 0238284
0.000 | 4 0.181826 000t 4 0.178713
3 o118 3 0119142
':' 2.0606008 oot 2 005857
0010 L y 3 - s L2 L
0030 0020 0010 0000 0010 0.020 0.030 -ooao -ooso -ouo -oceo oooo oozo oow 0.060 0.080
F  0.834791 F 0835052
025p E 0775163 030 E 0775405
D 0715535 D 0715758
o20f C  0.655907 C 0656112
B 0508279 020l B 0586466
oasf A 0538851 A 0538819
9 0477023 9 0477173
otok 8 0417296 8 0417526
7 0as77e8 o0p 7 oasem
oosh 'y 020814 6 0298233
5 0238512 § 0238586
ook 4 o.178884 0.00 4 017894
3 0.119256 3 0.119293
o005k 2 00596279 2 0.0596465
, ) 10 . . 1.0 ,
02 0.1 00 0.1 02 02 0.4 0.0 0.1 02 0.3

Fig. 12. Total pressure loss contours at different axial stations for a circular cone with tangential
injection at o = 40°, Moo = 1.4, Re = 6x10%, lo5f = 0.1, 655 = +67.5° — —67.5°,

Mmaz = 0.05.

11



Stagnation Pressure Contours
5 Semi-apex angle cone
M-=14

Re=6,000,000

a =40

Active control using tangential injection
Effective injection length = Q10
Effective injection angle=-67.5to 67.5
m.=0.05 £

Fig. 13. Stagnation pressure at different axial stations.

12



ATAA-94-2383

TURBULENT FLOW OVER A
747/747 GENERATOR/FOLLOWER
CONFIGURATION AND ITS
DYNAMIC RESPONSE

Osama A. Kandil and Tin-Chee Wong
Old Dominion University, Norfolk, VA 23529

Chen-Huei Liu
NASA Langley Research Center, Hampton, VA

25th AIAA Fluid Dynamics
Conference |
June 20-23, 1994 / Colorado Springs, CO

For permission to copy or republish, contact the American Institute of Aeronautics and Astronautics
370 L'Enfant Promenade, S.W., Washington, D.C. 20024






TURBULENT FLOW OVER A 747/747 GENERATOR/FOLLOWER
CONFIGURATION AND ITS DYNAMIC RESPONSE

Osama A. Kandil' and Tin-Chee Wong"*
Aerospace Engineering Department
Old Dominion University, Norfolk, VA 23529

Chen-Huei Lin®™*
Computational Aerodynamics and Acoustics Branch
NASA Langley Research Center, Hampton, VA 23681

ABSTRACT

The multidisciplinary interaction of the aerodynam-
ics and rigid-body dynamics between a single tip vor-
tex (representing a 747 generator wing) and a trailing
wing (representing a 747 follower wing) is computation-
ally investigated. The three-dimensional computational
model consists of a tip vortex with prescribed location
and flow profiles at the inlet boundary of the computa-
tional domain, and a 747 follower wing with prescribed
location relative to the generator tip vortex and prescribed
mass-moment of inertia around the wing axis of symme-
try. Keeping the follower wing stationary, the problem
is solved for the flowfield using the Reynolds-averaged,
Navier-Stokes (NS) equations. With this solution serving
as initial conditions, the follower wing is released to roll
under the effect of the rolling moment induced by the
generator tip vortex. At each time step, the NS equations
and the dynamics equation for rolling motion are solved
sequentially for the flowfield, the rolling moment and the
follower-wing rolling motion. The computational grid is
allowed to roll according to the wing rolling motion. The
problem is solved for laminar and turbulent flows using
coarse and fine grids.

INTRODUCTION

Since the introduction of wide-body and jumbo jets
for civil air transport in the early 70s, the problem of haz-
ardous effect of wake vortices trailing behind these air-
craft on follower aircraft has received significant research
efforts. The vortex trails are characterized with high in-
tensity and turbulence, and may produce high rolling mo-
ments on follower aircraft which could exceed its avail-
able roll control. Moreover, the follower aircraft, de-
pending on its location with respect to these vortex trails,
could suffer a loss of altitude or climb rate in addition
to structural damages. These vortex trails may persist up
to several miles and for long periods-of time- before-their
decay, and therefore they play a major role in sequencing
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landing and take-off operations at busy airports. For ex-
ample, a minimum safe-separation distance between air-
craft need to be specified which depends on the vortex
intensity, wind shear, atmospheric turbulence and tem-
perature gradient; among others.

The literature shows a few experimental and compu-
tational investigations that attempt to study and analyze
vortex-wake flow interaction, merging, decay and its haz-
ardous effects on follower aircraft. Hallock and Eberle!
presented a review of the state of the art of aircraft wake
vortices covering the research efforts in the United States
until the mid-seventies. Experimental wind tunnel and
airport measurements of the vortex-wake flow were con-
ducted by Dee and Nicholas?, Harvey and Perry?, El-
Ramly*, Wood and McWilliams®, Gardoz®, Cliffone and
Lonzo’, and Olwi and Ghazi®.

Mathematical models and computational schemes
were developed using inviscid analysis by Chorin and
Bernard®, Hacket and Evans'®, Yates'', lIversen and
Bemstein!2, and Rossow!. Although an inviscid model
cannot describe the wake aging including its diffusion, it
is still capable of producing the wake shape and its dy-
namics. The mathematical models used in the above ref-
erences were based on the use of the point vortex method
to compute the motion of a finite number of point vortices
which model the vorticity behind a wing. The first three-
dimensional inviscid model was introduced by Kandil,
et. al', where the nonlinear vortex-lattice method, which
was also developed by Kandil, et. al'*, was used to com-
pute the interference flow between wings and the vortex-
wake flows and the resulting hazardous effects.

Viscous modeling of trailing vortices was first in-
troduced by McCormick, et. al'®. Viscous interactions
of vortex wakes and the effects of background turbu-
lence, wind shear and ground on two-dimensional vor-
tex pairs were presented by Bilanin, et. al'”'®. Liu and
his co-workers'®-?! studied the interaction, merging and
decay of vortices in two-dimensional space and of three-
dimensional vortex filaments. For the two-dimensional
flow simulation, the incompressible Navier-Stokes equa-
tions, expressed in terms of vorticity-stream function for-
mulation, were used. For the three-dimensional flow sim-
ulation, the incompressible Navier-Stokes equations, ex-
pressed in terms of the vorticity-velocity vector potential
formulation, were used. An extensive review of this work



is given in Ref. 22. To estimate the effects of density
stratification, turbulence and Reynolds number on vor-
tex wakes, an approximate mode! was recently developed
by Greene®’. Later on, Greene and his co-workers?* pre-
sented selected results of aircraft vortices which include a
juncture vortex, a lifting-wing vortex and a wake vortex.

In a recent paper™ by the present authors, the
unsteady, compressible, thin-layer, Reynolds-averaged,
Navier-Stokes equations were used to compute and ana-
lyze vortex-wake flows of isolated and interacting wings.
A C-O grid was used to carry out the computations with
a computational domain that extends 15 chords behind
the leading wing. The emphasis of the paper was to
study the effects of the near-wake vortex flow on a small
follower wing for two vortex-wake interference cases.
The first flow-interference case was called the “along-
track penetration through vortex center” and the second
flow-interference case was called the “along-track pene-
tration between vortices.” The computations showed that
the first-interference case was much more hazardous to
the follower wing in comparison with the second flow-
intereference case. It was demonstrated that the follower
wing experienced large rolling moments if the follower
wing is along-track penetration through vortex center. For
the second flow-interference case, it was demonstrated
that the follower wing experienced a loss of lifting force.

In a later paper by Wong, Kandil and Liu®, the
wake-vortex flows of the wing considered in Ref. 25
were recomputed using fine grids and thin-layer and full
Navier-Stokes equations. The flux limiter in the solver
was turned on and off to study its numerical diffusive
effect. It has been shown that the solution obtained
using the full Navier-Stokes equations without flux limiter
gives the least numerically-diffused tip-vortex core in
comparison with the other solutions. However, the tip-
vortex core diffused rapidly beyond the trailing edge.
This result calls for more accurate computation of the
tip-vortex core to minimize the numerical diffusion.

In the present paper, the multidisplinary interaction
of a tip vortex (representing a 747 generator wing) and
a 747 trailing wing (representing the follower wing) is
studied. The follower wing is initially set at zero angle
of attack and held stationary. The flowfield is obtained
using the solution of the NS equations, and the initial
rolling moment induced by the generator tip vortex on
the follower wing is computed. The follower wing is
then released from rest and both the NS equations and
the dynamics equation of rolling motion are sequentially
solved at each time step. The response of the follower
wing and its interaction with the generator tip vortex are
obtained. The problem is solved for laminar and turbulent
flows using coarse and fine grids.

FORMULATION

Fluid Flow Equations:

The vector form of the governing equations is de-
veloped in terms of an inertial frame of reference, and
hence there are no source terms on the right-hand side of
the equations. Hence, the components of the flow-fieid
vector [p,pV,pe]' are absolute quantities. This is un-
like the earlier development of the goveming equations
by the principal author of this paper (Ref. 27), where the
equations are developed in terms of a non-inertial frame
of reference (translating and rotation frame of reference)
and source terms appear on the right-hand side of the
equations.

The conservative form of the dimensionless, uin-
steady, compressible, full NS equations in terms of time-
dependent, body-conformed coordinates £*,&° and €3 is
given by
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and‘—’g;: is the grid speed. The three momentum elemen:s
of Eq. (5) are given by
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The last element of Eq. (5) is given by
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The reference parameters for the dimensionless form
of the equations are L,aw, L/, po and pe for the
length, velocity, time, density and molecular viscosity,
respectively. The Reynolds number is defined as Re =
Poo Voo L/ i, Where L is the wing root-chord length. The
pressure, p, is related to the total energy per unit mass,
e, and density, p, by the gas equation

. .
=(v—-1p (e - 5!‘,.11,.) . 3]
The viscosity, u, is calculated from the Sutherland law
1+C
=T —), C=04317, 10
# (T n C) 10

and the Prandtl number Pr = 0.72.

In Egs. (1)-(10), the indicial notation is used for con-
venience. The subscripts j, k and n are summation in-
dices, the superscript or subscript s is a summation index
and the superscript or subscript m is a free index. The
range of j, k n s and m is 1-3, and 0, = 9/0z;. In
Eqgs. (1)-(10), u, is the Cartesian velocity component, Uy,
the contravariant velocity component, 7, the Cartesian
component of the shear stress tensor, g the Cartesian
component of heat flux vector, a the local speed of sound
and M the free-stream Mach number.

Turbulent Flow:

For the turbulent fiow, the Navier-Stokes equations
are transformed to the Reynolds-averaged equations by
replacing the coefficient of molecular viscosity, u, and
the coefficient of thermal conductivity, k, with

e = g+ 1 = p(l + pi/ 1) an
pC P,

k, = k+k = 1 12

* ! Pf ( +“Pfl) ( )

where u. is the effective viscosity, k. the effective ther-
mal conductivity, u, the turbulent viscosity, P, the lam-
inar Prandtl number, P,, the—turbulent Prandti-number
and C, the specific heat under constant pressure. The
turbulent viscosity p, is obtained by using the two-layer
algebraic eddy viscosity model which was first developed
by Cebeci®® for the boundary-layer equations and modi-
fied later by Baldwin and Lomax® for the Navier-Stokes
equations. The details of the turbulent model are given
in Ref. (30) by Wong, Kandil and Liu.

Dynamics Equation of Rolling Motion:

The Euler equation of rigid-body dynamics for rolling
motion of the follower wing is given by

I..6 = M, (13)

where I, is the mass-moment of inertia of the follower
wing around its axis, 6 the roll angle (positive when
measured in the counter-clockwise direction looking in
the upstream direction), and M, the net aerodynamic
rolling moment which includes the moment induced by
the generator tip vortex and the aerodynamic damping-
in-roll moment.

Boundary and Initial Conditions
and Grid Motion:

Boundary conditions are explicitly implemented.
They include inflow-outflow conditions and solid-
boundary conditions. At the inflow boundaries, the tip
vortex profiles are prescribed and the Riemann-invariant
boundary-type conditions are enforced. At the outflow
boundaries, the Riemann-invariant boundary type condi-
tions are also used.

Since the wing is undergoing a rolling motion, the
grid is moved with the same angular motion as that of
the wing. The grid speed, =, and the metric coefficient,
55‘—, are computed at each time step of the computational
scheme. Consequently, the kinematical boundary condi-
tions at the inflow-outflow boundaries and at the wing
surface are expressed in terms of the relative velocities.
For the dynamical boundary condition, —2 at the wing
surface is no longer equal to zero. This condition for the
present rolling wing is modified as

4] .
Pl o iy = —plox@xF+a xF)-h (14)
on wing

where @, is the acceleration of a point on the wing
surface, i the unit normal to the wing surface, & the
position vector from the point to the roll axis and
&(: éé,) and ri:(: Gé,) are the angular velocity and
acceleration of rolling motion. Finally, the boundary con-
dition for the temperature is obtained from the adiabatic
boundary condition, &L|,.m, = 0.

The initial conditions correspond to the flow solution
around the stationary follower wing.

COMPUTATIONAL SCHEME

The implicit, upwind, flux-difference splitting, finite-
volume scheme is used to solve the unsteady, compress-
ible, Reynolds-averaged Navier-Stokes equations. The
scheme uses the flux-difference splitting of Roe. The
viscous- and heat-flux terms are linearized in time and
the cross-derivative terms are eliminated in the implicit
operator and retained in the explicit terms. The viscous



terms are differenced using second-order accurate cen-
tral differencing. The resulting difference equation is ap-
proximately factored and is solved in three sweeps in
the £2,£% and £° directions. The computational scheme
is coded in the computer program “FTNS3D”. For the
dynamics equation of rolling motion, a four-stage Runge-
Kutta scheme is used to integrate the equation to obtain
6 and 6.

The method of solution consists of two steps. In
the first step, the problem is solved while the wing is
kept stationary. The NS equations are used to obtain the
flowfield and the rolling moment induced by the generator
tip vortex on the follower wing. Using this solution as
initial conditions for the second step, the follower wing
is released from rest and both the dynamics equation
of rolling motion and the NS equations are integrated
sequentially at each time step thereafter. At each time
step, the wing and the grid are rotated according to the
computed roll angle, and the metric coefficients of the
coordinates and the grid speed are computed.

COMPUTATIONAL RESULTS

Computational Model:

For the follower wing, a 747-Boeing wing (without a
dihedral angle) of aspect ratio of 6.3 is considered. The
wing angle of attack is zero and the freestream Mach
number is 0.3. For the laminar flow, the Reynolds num-
ber is 0.1x 10° and for the turbulent flow, the Reynolds
number is 1x 10%. Two C-O grids are used; a coarse grid
of 97x33x65 (Fig. 1) and a fine grid of 149x49x97 in
the wrap-around axial, normal and wrap-around spanwise
directions, respectively. The inflow boundary is located
at two wing root-chord lengths from the follower wing
vertex. The center of the generator tip vortex is located
at 1/4 chord length above the follower wing on its plane
of geometric symmetry. The other boundaries of the com-
putational domain are located at a distance of 10 chord
length. At the inflow boundary, the generator tip vortex
has a tangential velocity profile given by

Mk, 2
Vy = d [l — exp (—-TT)] (15
r r2

where A, is the freestream Mach number, Vj is the tan-
gential velocity at some radial distance, r. The constants
k. and r,, define the swirl ratio, 3, which is the ratio
between the maximum tangential velocity and the axial
velocity at the inflow boundary, and its radial position
(eg. forr, =02 and k, =0.1, =032 is at r = 0.224),
Looking in the upstream direction, the sense of rotation
of the generator tip vortex is in the counter-clockwise
direction. The radial velocity is set to zero. The corre-
sponding pressure profile is obtained by integrating the
inviscid radial momentum-equation, and the density, p, is
then found from the definition of the speed of sound. The
resulting profiles represent a compatible set for the gen-
erator tip vortex. Figure 2 shows the compatible profiles
of the generator tip vortex.

Laminar Flow-Coarse Grid:

Figures 3—5 show the results for the laminar-flow so-
lution for a Reynolds number of 0.1x10% on a coarte
grid at the t = 0 (initial conditions). In Fig. 3, the total-
pressure-coefficient (CPT) contours are shown at cross-
flow planes passing through the follower wing and the
generator tip vortex. Looking in the downstream direc-
tion, the sense of rotation of the generator tip vortex is in
the clockwise direction. The boundary-layer fiow in tte
spanwise direction on the upper left side of the follower
wing experiences separation, and that on the lower right
side of the follower wing experiences separation also.
The tip vortex on the left side of the follower wing :s
much smaller than its tip vortex on the right side. Figure
4 shows the upper and lower surface pressure-coefficient
(CP) contours of the follower wing. The adverse pressure
gradients in the spanwise directions on the upper left side
and the lower right side are clearly noticed. Figure §
shows the CPT contours in cross-flow planes looking in
the upstream direction (sense of the generator tip vor-
tex is in the counter-clockwise direction). The separated
boundary-layer flows on the upper and lower surfaces
are clearly noticed. The core of the generator tip vortex
moves to the left (looking downstream) and closer to the
wing upper surface, as it advances in the downstream d:-
rection. Moreover, it becomes tighter downstream than
its size upstream. These results clearly show the aerc-
dynamic interference effects on the generator tip vortex
and the boundary-layer flow of the follower wing. Te-
ble 1 gives the values of lift, drag and rolling-momert
coefficient for t = 0.

Next, the follower wing is released from rest with
8, = 6, = 0 and is allowed to roll under the initially ir-
duced rolling moment of the generator tip vortex. Figures
68 show a snapshot of the results at t = 10. Figure 6
shows that the separated boundary-layer flow on the up-
per left side is larger than that at t = 0, and the separated
boundary-layer flow on the lower right side is smaller
than that at t = 0. The tip vortex on the left side is
on the lower surface and the tip vortex on the right side
decreases in size in comparison with its size at t = 0. Fig-
ure 7 shows the upper and lower CP contours which show
the locations of the separated flow on the upper and lower
left side of the follower wing. Figure 8 shows the CPT
contours in cross-flow planes looking in the upstream d:-
rection. It is clearly noticed that the vortex core of the
generator tip vortex becomes tighter as it advances in thz
downstream direction. It also moves to the left side of the
follower wing and closer to its upper surface. The sepa-

- —rated-boundary-layer-flow on the upper left side and the

tip vortex on the lower left side are clearly seen at x = 1.9.
At this time level, t = 10, the follower wing rolled 5.7° ia
the clockwise direction looking in the downstream direc-
tion. During the course of the accurate time stepping, it
was noticed that the follower-wing flow is strongly time
dependent with frequent vortex shedding at the right tip
of the wing. Figure 9 shows the variations of the rollinz



moment, M., the roll angle, 6, the roll rate, é, and the
roll acceleration, 6. The M, and 6 decreases oscillatorly
with time and 6 and € increases with time. Eventually,
M, and 6 reach to zero and 6 reaches a constant value
while 6 continues to grow. Table 1 shows that the lift and
rolling-moment coefficients decrease substantially and the
drag coefficient decreases slightly.

The rolling moment M, has been fitted using analytic
functions representing the restoring moment (M, ) and the
damping-in-roll moment (M,). It is represented as

M, =M, + M, (16)

where .
M, = a,€+a303+a5002 17
My = a2 + a6°0 + agb® (18)

Figure 10 shows the variation of the M, and its fitted
function with time and the variations of the restoring and
damping-in-roll moments with time. It is seen that M,
is positive and M, is negative with M, > {My|. The
difference between M, and My vanishes as t increases
until Af, becomes 0. Thereafier, the wing rotates with
a constant rate.

Turbulent Flow-Coarse Grid:

Figures 11-12 and 13-17 show the results for the
turbulent-flow solution for a Reynolds number of 1x 10°
(using the Baldwin and Lomax model) with a coarse grid
for t = 0 and t = 10, respectively. Att =0, it is no-
ticed that the boundary-layer separations on the follower
wing vanished in comparison with those of the laminar-
flow solution. Figure 11 shows higher suction pressures
on the upper surface of the follower wing than those of
the laminar-flow solution. At x = 1.1 and 1.9, Fig. 12
shows that the boundary-layer separations vanished due
to the large flow momentum of the turbulent flow. At
t = 10, Fig. 13 shows that the boundary-layer separation
on the upper left side of the follower wing occurs. It is
not as strong as that of the laminar-flow solution. The
tip vortex on the right side of the follower wing disap-
peared and the one on the left side is smaller in com-
parison with that of the laminar flow. The locations and
sizes of the core of the generator tip vortex (Fig. 15) are
similar to those of the laminar flow. Figure 16 shows

M, 6. 6 and 6 variations with time up to t = 10. It

is noticed that Af, and 6 decrease aperiodically and both
6 and 6 increase. The rolling moment and acceleration
reach close to zero, while @ reaches.a constant_value of
0.95 and 6 reaches a value of 6.7°. This roll angle is larger
than the one obtained for the laminar-flow solution. Fig-
ure 17 shows the variations of M, and its fitted function,
M, and M, with time. Both M, and M, of the turbulent
flow are higher than those of the laminar flow. Table 1
shows the lift, drag and rolling-moment coefficients for
the follower wing with and without a generator tip vortex.

The generator tip vortex decreases the lift and drag coef-
ficients. The rolling of the follower wing slightly reduces
the lift coefficient and substantially increases the drag co-
efficient. The lift coefficient is substantially higher than
that of the laminar flow while the drag coefficient is sub-
stantially lower than that of the laminar flow, particularly
as the wing is rolling.

Turbulent Flow-Fine Grid:

The grid is refined in the three directions, and the
problem is solved for the turbulent flow with a Reynolds
number of 1x10%. Figures 18-20 show the results at
the time level t = 10. The fine-grid results show more
resolution in the boundary-layer flow on the follower
wing and more resolution in the core of the generator
tip vortex, than those of the turbulent flow solution with
a coarse grid. Att= 10, Fig. 21 shows slightly higher roll
rate, 4, and slightly higher roll angle, 8, than those of the
turbulent-flow solution with a coarse grid. It also shows
slightly lower rolling moment and roll acceleration than
those of the coarse-grid solution. Table 1 shows slightly
lower lift coefficients at t = 0 and t = 10 than those of the
coarse-grid solution. It also shows substantially lower
drag coefficients at t = 0 and t = 10 than those of the
coarse-grid solution.

CONCLUDING REMARKS

The multidisciplinary interaction which includes the
aerodynamics and rigid-body dynamics of a 747-Boeing
follower wing and a generator tip vortex is investigated in
the present paper. The problem is solved using two sets
of equations which include the unsteady, compressible,
Reynolds-averaged NS equations and the dynamics equa-
tion of rolling motion. The problem is solved for laminar
and turbulent flows using coarse and fine grids. The tur-
bulent model is the modified Baldwin and Lomax model.
The NS equations are solved using the implicit, upwind,
flux-difference splitting, finite-volume scheme and the dy-
namic equation is solved using a four-stage Runge-Kutta
scheme. The initial conditions for the rolling-wing prob-
lem are obtained by solving for the flowfield with the
wing kept stationary. The profiles of the generator tip
vortex are prescribed at the inflow boundary of the com-
putational domain. Having obtained the initial conditions,
the follower wing is released from rest to roll under the
effect of the induced rolling moment of the generator vor-
tex. At each time step of the solution, the NS equations
are used to obtain the flowfield and the rolling moment on
the follower wing, the dynamics equation of rolling mo-
tion is used to obtain the motion (8, 8 and 8), the com-
putational grid is allowed to roll according to the wing
roll angle, and the metric coefficients of the coordinates
and the grid speed are calculated. -

The laminar flow solution showed initial flow sepa-
rations on the upper and lower surfaces of the follower
wing. As the wing rolls, the flow separation on the upper



surface increased and vortex shedding from the wing tip
develops. The flow is substantially unsteady with oscil-
latory decaying lift and rolling-moment coefficients. The
turbulent fiow solution shows substantially smaller initial
flow separation, in comparison with the laminar solution,
on the follower wing. As the wing rolls, the flow sep-
aration increases on the upper surface of the wing. The
lift coefficients at the initial time and during the wing
rolling motion are substantially higher than those of the
laminar solution. The decay of the lift coefficient is not
as substantial as that of the laminar case. The decay
of the rolling-moment coefficient and the wing accelera-
tion are aperiodic and approach zero while the roll rate

reaches a constant value and the roll angle increases. For
the same time level, the turbulent-flow solution shows
higher roll angle than that of the laminar-flow solutio.
The trbulent-flow solution with a fine grid shows more
resolutions of the boundary-layer flow and the generator
tip vortex. It shows slightly higher roll angle and rcll
rate than those of the coarse-grid solution. It also shows
slightly lower lift coefficient and substantially lower drzg
coefficient than those of the coarse-grid solution. It is also
concluded from the results of the laminar- and turbulent-
flow solutions for the generator tip vortex that the Bald-
win and Lomax turbulent model is inadequate for the
generator tip vortex.

Table 1. Lift, Drag and Rolling-Moment Coefficient

Laminar Flow-Coarse Grid

Cl
t=0 0.048004
t=10 0.017775
t=20 -0.007207

Turbulent Flow-Coarse Grid

Cl
No Vortex 0.14338
=0 0.12961
t=10 0.12579
t=20 0.11984

Turbulent Flow-Fine Grid

Re = 1.e5 (97x33x65)

Cd Cmx
0.01494} 0.021202
0.014775 0.0069693
0.015429 0.0014347

Re = 1.e6 (97x33x65)

Cd Cmx
0.013 0.
0.0049181 0.033690
0.0077610 0.0017480
0.0076206 -0.808¢-4

Re=1.e6 (149x49x97)

Cl Cd Cmx
t=0 0.12141 0.0021379 0.035289
t=10 0.11838 0.0055305 0.0014577
ACKNOWLEDGMENT 1065, British Aeronautical Research Council, Lor-

For the first two authors, this work is supported by the
NASA Langley Research Center under grant no. NAG-1-
994. The authors would like to thank Mr. George Greene
and Mr. Daniel Vickroy of NASA Langley Research Cen-
ter for supporting this work. The computational resources
provided by the NASA Langley Research Center and the
NAS Center at Ames are acknowledged and appreciated.

REFERENCES

1. Hallock, J. N. and Eberle, W. R., “Aircraft Wake
Vortices: A State-of-the-Art Review of the United
States R&D Program,” FAA Rept. FAA-RD-77-23,
February 1977.

2. Dee, F. W. and Nicholas, O. P., “Flight Measurements
of Wing Tip Vortex Motion Near the Ground,” CP

- don, 1968.

3. Harvey, J. K. and Perry, F. J., “Flowfield Produced
by Trailing Vortices in the Vicinity of the Ground.™
AlAA Joumal, Vol. 9, Aug. 1977, pp. 1659-1660.

4. El-Ramly, Z., “Induced Rolling Moment on Trailing
Wings,” AIAA 10th Fluid & Plasmadynamics Con-
ference, Albuquerque, NM, June 1977.

5. Wood, W. D. and McWilliams, T. G., “Wake Turbu-

- lence Detection and -Economic Impact of Proposed

Improvements,” SAE Air Transportation Meeting,
Washington, D.C., May 1977.

- 6. Gardoz, L. J., “Federal Aviation Administration Full-
Scale Aircraft Vortex Wake Turbulence Flight Test
Investigations: Past, Present, Future,” AIAA Paper
No. 71-97, January 1971.



10.

11.

13.

14.

15.

16.

18.

. Olwi, L

. Cliffone, D. L. and Lonzo, C., Jr., “Flow Visualiza-

tion of Vortex Interactions in Multiple Vortex Wakes
Behind Aircraft,” NASA TMX 62, 459, June 1975.

A. and Ghazi, M. A, “An Experi-
mental Investigation of the Turbulence Effect of
a Leading Wing on a Trailing Aircraft,” AIAA
91-3309-CP, AIAA 10th Applied Aerodynamics
Conference, September 1991, pp. 830-837.

. Chorin, A. J. and Bernard, P. S., “Discretization of a

Vortex Sheet, with an Example of Roll-Up,” Journal
of Computational Physics, Vol. 13, November 1973,
pp. 423-429.

Hackett, J. E. and Evans, M. R., “Vortex Wakes
Behind High Lift Wings,” Journal of Aircraft, Vol. 8,
May 1971, pp. 334-340.

Yates, J. E., “Calculation of Initial Vortex Roll-Up in
Aircraft Wakes,” Journal of Aircraft, Vol. 11, July
1974, pp. 397-400.

. Iversen, J. D. and Bemstein, S., “Trailing Vortex

Effects on Following Aircraft,” Journal of Aircraft,
Vol. 11, January 1974, pp. 60-61.

Rossow, V. J., “Inviscid Modeling of Aircraft Trail-
ing Vortices,” Proceedings of NASA Symposium on
Wake Vortex Minimization,” Washington, D.C., Feb-
ruary 1976, pp. 4-54.

Kandil, O. A., Mook, D. T. and Nayfeh, A. H., “Ap-
plication of the Nonlinear Vortex-Lattice Concept to
Aircraft-interference Problems,” Advances in Engi-
neering Science, NASA CP-2001, Vol. 4, November
1976, pp. 1321-1326.

Kandil, O. A, Mook, D. T. and Nayfeh, A. H,,
“Nonlinear Prediction of the Aerodynamics Loads on
Lifting Surface,” Journal of Aircraft, Vol. 13, No. 1,
January 1976, pp. 22-28.

McCormick, B. W., Tangler, J. L. and Sherrieb, H. E.,
“Structure of Trailing Vortices,” Journal of Aircraft,
Vol. 5, No. 3, May-June 1968, pp. 260-267.

. Bilanin. A. J., Teske, M. E. and Williamson, G.

G., “Vortex Interactions and Decay in Aircraft
Wakes,” AIAA Journal, Vol. 15, No. 2, Feb. 1977,
pp. 250-260.

Bilanin, A. J.. Teske, M. E. and Hirsh, J. E., “Neu-
tral Atmospheric Effects on the Dissipation of Air-
craft Vortex Wakes,” AIAA Journal, Vol. 16, No. 9,
September 1978, pp. 956-961.

19.

20.

21

22,

23.

24,

25.

26.

27.

28.

29,

30.

Liu, C. H. and Ting, L., “Interaction of Decaying
Trailing Vortices in Spanwise Shear Flow,” Computer
and Fluids, Vol. 15, No. 1, 1987, pp. 77-92.

Weston, R. P., Ting, L. and Liu, C. H., “Numerical
Studies of the Merging Vortices,” AIAA 860557,
January 1986.

Liu, C. H., Tavantzis, J. and Ting, L., “Numeri-
cal Studies of Motion and Decay of Vortex Fila-
ments,” AIAA Journal, Vol. 24, No. 8, August 1986,
pp. 1290-1297.

Liu, C. H., Krause, E. and Ting, L., “Vortex-
Dominated Flow with Viscous Core Structure,” AIAA
85-1556, invited paper, July 1985.

Greene, G. C., “An Approximate Model of Vortex De-
cay in the Atmosphere,” Joumal of Aircraft, Vol. 23,
No. 7, July 1986, pp. 566-573.

Greene, G. C., Lamar, J. E. and Kubendran, L. R,,
“Aircraft Vortices: Juncture, Wing and Wake,” AIAA
88-3743, July 1988.

Kandil, O. A., Wong, T. C. and Liu, C. H,, “Anal-
ysis and Computation of Trailing Vortices and Their
Hazardous Effects,” FAA International Symposium,
Washington, D.C., Oct. 29-31, 1991, Vol. 2, pp.
36.1-36.24.

Wong, T. C., Kandil, O. A. and Liy, C. H., “Com-
putation of Wake-Vortex Flows and Control of Their
Effects on Trailing Wings,” AIAA 4429-92-CP, Au-
gust 1992, Vol. 1, pp. 280-292.

Kandil, O. A. and Chuang, H. A., “Unsteady Navier-
Stokes Computations Past Oscillating Delta Wing at
High Incidence,” AIAA-89-0081 January 1989. Also
AIAA Joumnal, Vol. 28, No. 9, September 1990, pp.
1565-1572.

Cebeci, T., “Calculation of Compressible Turbulent
Boundary Layers with Heat and Mass Transfer,”
AIAA Paper 70-741, June 1970.

Baldwin, B. S. and Lomax, H., “Thin-Layer Approx-
imation and Algebraic Model for Separated Turbulent
Flows,” AIAA Paper 78-257, January 1978.

Wong, T. C., Kandil, O. A. and Liu, C. H., “Navier-
Stokes Computations of Separated Vortical Flows Past
Prolate Spheroid at Incidence,” AIAA 89-0553, Jan-
uary 1989.



C-O Mesh of 65 X 97 X 33

T,

e 2R
= LA s r7eaa,
AL SIS,

3 AAAISIIIIES //
277 .\\\\\\\hn// //

Fig. 1 A typical coarse grid for the follower wing.
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Fig. 2 Flow profiles of the generator tip vortex at the inflow boundary.
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Fig. 3 CPT-contours at cross-flow planes of the follower wing and generator tip vortex, laminar
flow, coarse grid, t = 0.
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Fig. 4 Upper and lower surface CP-contours on the follower wing, laminar flow, coarse grid,
t = 0.
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Fig. 6 CPT-contours at cross-flow planes of the follower wing and generator tip vortex, laminar
flow, coarse grid, t = 10.
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Fig. 7 Upper and lower surface CP-contours on the follower wing, laminar flow, coarse grid,
t = 10.
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Fig. 11 Upper and lower surface CP-contours on the follower wing,
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Fig. 13 CPT-contours at cross-flow planes of the follower wing and generator tip vortex,
turbulent flow, coarse grid, t = 10.
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Fig. 18 CPT-contours at cross-flow planes of the follower wing and generator tip vortex,
turbulent flow, fine grid (149x49x97), t = 10.
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ABSTRACT

Prediction of both the near- and far-field vortex-wake turbulent flows are presented. The
Reynolds-averaged Navier-Stokes (NS) equations are solved using the implicit, upwind Roe-flux-
differencing scheme. The turbulence models of Baldwin and Lomax, one-equation model of Spalart
and Allmaras and two-equation shear stress transport model of Menter are implemented with the
NS solver for turbulent-flow calculation. For the near-field study, computations are carried out
on a fine grid for a rectangular wing with a NACA-0012 airfoil section and a rounded tip. The
wing has an aspect ratio of 1.5 and is mounted inside a wind tunnel at an angle of attack of 10°.
The focus of study is the tip-vortex development, the near vortex wake roll-up, and validating the
results with the available experimental data. For the far-field study, the computations of vortex-
wake interaction with the exhaust plume of a single engine are carried out using overlapping zonal
method for a long distance downstream of a Boeing 727 wing in a holding condition. The results
are compared with those of an incompressible parabolized NS solver known as the UNIWAKE code.

INTRODUCTION tually break-up producing exhaust-atmosphere
mixing region. Substantial adverse effects on
the stratosphere and tropsphere are expected
when the new fleet of High Speed Civil Trans-
port (HSCT) is introduced in the early years of
the next century. Recent research efforts are cur-
rently directed at understanding the adverse at-
mospheric effects of exhaust products from sub-
sonic and supersonic civil transport aircrafts.
These efforts include predicting the effects of ex-
haust plume on the dynamical, chemical and ra-
diative stratospheric processes. A recent NASA
report on these issues is published under the At-
mospheric Effects of Aviation Project (AEAP),
Ref. 1.

Recently, the volume of civil air transport
using subsonic aircraft has increased at an alarm-
ing rate. With this increase in air traffic, sev-
eral hazardous effects have recently become of
primary concern. First, the landing and take-
off operations safety at busy airports of small
and medium size aircrafts when they encounter
high-intensity turbulent vortices emanating from
large aircraft. The trailing aircraft, under the in-
fluence of those vortex trails, could suffer high
rolling moments, loss of climb and structural
damages. The vortices persist up to a few miles
and several minutes before they decay.

Second, the adverse effects of the engine

‘exhaust on the stratosphere and troposphere
during cruise and holding conditions. A complex
fiow regime develop behind those aircraft which
include the exhaust jet plume and the wake vor-
tices that entrain the exhaust plumes and even-

The origins of these hazardous effects are
the vortex-wake flows and the engine jet exhaust
plume and its interaction with the vortex-wake
flows. The vortex-wake flows include the tip-
vortex development and roll-up formation while
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the jet exhaust plume include exhaust prod-
ucts, temperature field, and their fluid mechan-
ics. At some distance downstream, the vortex-
wake flows entrain the exhaust plume and later-
on the vortex-wake breaks up and dillutes the
exhaust plume in the stratosphere.

The literature shows some experimental
and computational investigations that model
and analyze the roll-up of a tip vortex, the wake-
vortex interaction, and the merging and decay, as
well as the hazardous effects of these phenomena
on trailing aircraft. Hallock and Eberle? gave a
comprehensive review of the research on aircraft
wake vortices in the United States through the
mid-1970’s.

Mathematical models and computational
methods were developed with inviscid analysis
3-6_ Although an inviscid model cannot describe
the aging of the wake including its diffusion, it is
still capable of representing the wake shape and
its dynamics. The mathematical models used in
the above references were based on the use of
the point-vortex method to compute the motion
of a finite number of point vortices. The three-
dimensional inviscid model which is based on
the nonlinear vortex-lattice method, was used to
compute the interference flow between the wings
and the vortex-wake flows and to examine the
hazardous effects.”

Viscous modeling of trailing vortices was
studied in Ref. 8. Viscous interactions of vor-
tex wakes and the effects of background tur-
bulence, wind shear, and the ground on two-
dimensional vortex pairs with the Navier-Stokes
equations were presented in Refs. 9 and 10, and
the computer program is known as UNIWAKE.
The interaction, merging, and decay of vortices
in two- and three-dimensional spaces were stud-
ied in Refs. 11 and 12. A comprehensive review
on the subject of viscous vortical flows can be
found in a book by Ting and Klein.!® To es-
‘timate the effects of density stratification, tur-
bulence, and Reynolds number on vortex wakes,
an approximate model was recently developed by
Greene.!* Later, Greene and his coworkers!® pre-
sented selected results for different aircraft vor-
tices, including a juncture vortex, a lifting-wing
vortex, and a wake vortex.

In recent papers by the present
authors!®!”,  the compressible Reynolds-
averaged NS equations were used to compute
and analyze vortex-wake flows of isolated and

interacting wings. The emphasis of the paper
was to study the effects of the near-wake vor-
tex flow on a small follower wing for two flow-
interference cases. The flux limiter in the flow
solver was turned on and off to study it numer-
ical diffusive effect. The solution obtained witk
the full NS equations without a flux limiter gave
the least numerically diffused tip-vortex core ir
comparison with those solutions for which a flus.
limiter was used.

The multidisciplinary interaction of the
aerodynamics and rigid-body dynamics betweer.
a single tip vortex and a trailing wing was com-
putationally investigated by present authors!®
The time-accurate solutions of the unsteady
Reynolds-averaged NS and Euler equations for
rigid wing rolling motion provided the growtl.
rate of the vortex-core size and the rolling:
motion response of the wing. The Baldwin anc
Lomax turbulence model was used for this case

Very recently, research interest has alsc
been focused on the near-field and far-field
vortex-wake interaction with the engine exhaust
plume including vortex-wake breaks up for both
subsonic and high speed civil transport (HSCT'
aircraft. Computational fluid dynamics plays a
significant role in the prediction of the near-field
and far-field vortex-wake flows. Once this is ac-
complished, the next step is to include the ex-
haust plume products and chemical reactions.
and its interaction with the vortex-wake flows
including vortex wake break-up.

Recently, more advanced turbulence mod-
els became readily available for use with NS
solvers. In this paper, the algebraic Baldwin
and Lomax (BL) turbulence model'?, the one-
equation Spalart and Allmaras (SA) model?,
and the two-equation kw (KW) model developed
by Menter?! are used to study the tip-vortex and
wake flows and the interaction of a tip vortex
with the temperature field of an exhaust plume
of a Boeing 727. Three key ingredients are con-
sidered for achieving accurate prediction of these
flows. These are the grid fineness, turbulence
model and computational efficiency. The re-
sults using different models are validated with
the available experimental data or the results of
the UNIWAKE solver.

FORMULATIONS

Two sets of the NS equations are used for
this paper; a compressible set and an incom-



pressible set. The compressible set is solved
using a computer program known as FTNS3D
which is used in reference 18. This is the modi-
fied version of the well known CFL3D code. The
incompressible set is solved using a computer
program known as UNIWAKE which is used in
references 9 and 22.

The FTNS3D solver, described in de-
tail in reference 18, uses an upwind, flux-
difference splitting, finite-volume scheme solving
the unsteady, compressible, Reynolds-averaged
NS equations. For the exhaust plume/tip vor-
tex interaction case, the buoyancy body force
caused by temperature difference is added as a
source term without any approximation in the
NS equations. For all results in this paper,
upwind-biased spatial differencing is used for the
inviscid terms, and flux limiter is not used. The
viscous terms are differenced using second-order
accurate central differencing. The resulting dif-
ference equations are solved implicitly in time
with the use of the three-factor approximate fac-
torization scheme. The one- and two- equation
turbulence models are decoupled from the NS
equations and partial differential equation(s) for
turbulence model are solved sequentially at each
time step thereafter.

The UNIWAKE solver consists of four
computational modules: (1) Vortex Lattice: A
program to compute the lift circulation distribu-
tion on an aircraft wing based on the given aero-
dynamic parameters and wing planform shape.
(2) Betz: A program to generate the initial posi-
tion and strength of rolled-up trailing edge vor-
tices, given the lift circulation distribution. (3)
Wake: A program to merge and decay these
vortices downstream, interacting with engine jet
exhaust temperature and chemical products, by
solving the incompressible parabolized NS equa-
tions with fourth-order compact scheme in uni-
formly Cartesian system. The second deriva-
tives in the streamwise direction is neglected
in the governing equations. The effects of the
turbulence are included through the algebraic
Reynolds stress turbulence model. (4) Pinch: A
program to follow the inviscid line vortex fila-
ment interaction of these vortices to instability
and pinching, utilizing curved vortex elements.
Recently, some aspects of the compressibility and
density variation are taken into account in the

" latest version of UNIWAKE. It should be noted

that the buoyancy body caused by temperature

difference is based on the Boussinesq approxima-
tions which are not valid for high temperature
differences. The detail of the governing equa-
tions and recent enhancements can be found in
Ref. 22.

BOUNDARY AND INITIAL
CONDITIONS

Boundary conditions are explicitly imple-
mented. They include inflow-outflow conditions
and solid boundary conditions. At the inflow
boundaries, the velocity profiles are either pre-
scribed or interpolated from the experimental
data, while the Riemann-invariant boundary-
type conditions are used. Temperature distri-
bution is specified for the engine exhaust plume
problem. At the outflow boundaries, pressure
profile either interpolated from the experimental
data or extrapolated from interior domain, while
the other variables are determined as part of the
solution. At the geometric plane of symmetry,
periodic conditions is set. For tip-vortex and
near-wake flow case, the tunnel walls are treated
as inviscid surface, except for the root wall.

The initial conditions correspond to the
uniform flow with no-slip and no-penetration
conditions are used.

RESULTS AND DISCUSSION

Near-Field Computation of the Tip-
Vortex

A rectangular wing with a NACA-0012 air-
foil section and a rounded wingtip is consid-
ered. The wing has an aspect ratio of 1.5 and
is mounted inside a wind tunnel at an angle of
attack of 10°. The experimental work?3 was done
at the Fluid Mechanics Laboratory at NASA
Ames research center. The flow is turbulent with
a Reynolds number of 4.6 x 10%, based on the
root-chord length of the wing (c), and the flow
Mach number is 0.3.

A C-O grid is used with 197 x 53 x 97 grid
points in the streamwise wraparound, normal,
and spanwise directions, respectively. A typi-
cal grid used in this study is shown in Fig. 1.
The computational domain of the grid is gen-
erated based on the dimension of the test sec-
tion and is nondimensionalized by the root-chord
length. The origin of the axis is located at the
quarter chord of the wing, the upper and lower
walls are z/¢=0.3333 above and below the wing,



and the far-side wall is z/c=1.0 from the mount-
ing wall. The inflow (z/¢ = —0.4) and outflow
(z/c = 1.42) conditions from the experimental
data are imposed as the boundary conditions.
The grid is clustered in the normal direction with
the spacing of 5 x 1073 near the body and is also
clustered at the leading and trailing edges of the
wing. The mounting side and tip region of the
wing are also clustered to have better flowfield
resolution.

The steady-state solutions of the near-field
have been obtained using two-level of multi-grid
with BL, SA and KW turbulence models. The
typical convergent histories of the residual error
and lift coefficient for the SA model is shown in
Fig. 2. The residual error drops about two order
of magnitude and lift coefficient gets to within
0.5% of its final values in 1800 cycles. The fi-
nal lift coefficient is 0.52 at 2400 cycles. On the
Cray-YMP computer, a typical case takes about
13 hours.

Comparison of surface-pressure coefficients
(Cp) with the experimental data at three
constant spanwise stations (left column) and
rounded tip regions (right column) with BL, SA
and KW models is shown in Fig. 4. The def-
inition of the @ (theta) at the wing-tip region
is shown in Fig. 3. The results with BL and
SA model are better than those with KW model
on the wing surface. Obviously, there is mas-
sively separated region between z/c = 0.4 and
z/c = 0.7 at the wing-tip region. The KW model
poorly predicts the Cp particularly at the trail-
ing edge of the wing.

The side-by-side comparison of the cross-
flow total-pressure contours (Cpt) at two chord-
wise stations at z/c = 0.63 (on the wing) and
z/c = 1.19 (near wake) are shown in Figures 5
and 6. One can see the roll-up of the vortex
around the tip from the low surface to the upper
surface, which corresponds to the large pressure
‘gradient at the wing-tip region. Then, the vor-
tex moves upward and outboard as moving in the
downstream direction. The development of the
wing tip-vortex shows evidence of a good qual-
itative agreement with experimental data. The
location of the tip-vortex using BL and SA mod-
els is in fair agreement with that of the experi-
mental data while the results of the KW model
show the vortex is located more outboard and
closer to the surface. However, the results pre-
dicted by the KW model show better compari-

son with experimental data in the wake region at
the chord station z/c = 1.19. The vortex-wake
structure of the KW model show less diffusion
than that of BL and SA models. The close-up cf
the crossflow velocity magnitude contours (Vc ,
shown in Fig. 7, confirms that results from the
two-equation model predict tighter vortex core
than those of the BL and SA models in the near
wake. However, the tip-vortex core still shows
diffusion in comparison with the experimental
data due to the lack of grid resolution in th-
core region.

Far-Field Computation of Tip-
Vortex/Plume Interaction

For this case, a tip-vortex/plume interac-
tion of a Boeing 727 wing is considered. The
study addresses the computation and analysis
of the vortex-wake interaction with the exhaust
plume for a long distance downstream of the
wing. The tip-vortex of the Boeing 727 wing
is assumed to be fully rolled-up and the genera.-
tion region is not included in the computation.
The initial velocity and pressure profiles are gen-
erated using the vortex-lattice and Betz modules
of the UNIWAKE.

The tip-vortex flow is assumed fully turbu
lent with a Reynolds number of 1 x 106, based or
the half semi-span of the wing (s), and the flow
Mach number is 0.3. The tip-vortex and exhaust
plume are located at y/s = 0.76, z/s = 0.0,
and y/s = 04, 2/s = —0.1, respectively. The
peak temperature at the center of the engine it
two times the ambient temperature. The inflow
crossflow velocity (Vc), and temperature distri-
butions (T) at z/s = 0.0 are shown in Fig. 8.

The NS equations are used to compute
the development of this vortex and its inter-
action with the plume for a long distance up
to z/s = 110. The computations of FTNS3D
solver are carried out using an overlapping zonal
method and the schematic sketch is shown in
Fig. 9. For each stage of computation, a fine
grid zone is used. The downstream distance (a)
and the overlapping or buffer zone (b) should be
chosen such that the downstream effects can be
minimized. In this study, the following values are
chosen; a/s=8.0, b/s=2.0, and Xmax/s=110.0
(equivalent to one mile behind the inflow plane).
A rectangular grid of 201 x 41 x 51 grid points
in x, y, and z directions, respectively, are used.

The computations are carried out start-



ing from the inflow station of z/s = 0.0 up to
z/s = 110.0 using the FTNS3D using KW model
and UNIWAKE solvers on the same grid resolu-
tion in the crossflow plane. The results of the
crossflow T and Vc contours at selected chord-
wise stations with FTNS3D (left column) and
UNIWAKE (right column) solvers are shown in
Figures 10-12. All the results are plotted in ref-
erence to the origin and the corresponding axes
at the inflow section. The results show the evolu-
tion of the tip-vortex interaction with the plume
as it is advanced in the downstream. The ve-
locity field of the tip vortex induces the exhaust
plume movement upward and wrapping around
the tip-vortex while cooling it down.

The results of the FTNS3D code show that
tip-vortex center first moves upward and inward,
and then descends as it advances in the down-
stream direction. On the other hand, the UNI-
WKAE results show the tip-vortex center con-
tinuously descends and stays almost at the same
lateral location of y/s = 0.76. Since the UNI-
WAKE code is a space-marching NS solver, the
step size in the streamwise direction is deter-
mined based on extrapolated changes in the flow
variables at each station. The code also has a
dynamic upwash adjustment that seeks to retain
the perceived vortical mean location at the po-
sition of z/s = 0.0. The upwash overcomes the
inherent downwash of the typical vortical wake
structure. The discrepancies between the two
solvers are due to the dynamic upwash adjust-
ment of the UNIWAKE code and the fully three-
dimensional computations of the FTNS3D code.
The results with the UNIWAKE solver show
more diffusion as compared with the FTNS3D re-
sults. One of the numerical parameters known as
the turbulent macroscale (A) in the UNIWAKE
code has to be adjusted from the default values
of 0.2 to 0.04 in order to obtain adequate less-
diffused results. The larger values of A (results
are not shown here) show even more diffusive ef-
“fect as compared with the FTNS3D results.

CONCLUDING REMARKS

The computational solution of the un-
steady, compressible, Reynolds-averaged Navier-
Stokes equations is used to predict the near- and
far-field vortex-wake turbulent flows. Three dif-
ferent turbulent models have been used with the
NS equations which include the Baldwin and Lo-
max model, Spalart and Allmaras model and

KW model of Menter. For the near-field vortex-
wake application, the focus is directed on the
development and roll-up of the tip vortex for
a subsonic wing while for the far-field vortex-
wake application, the focus is directed on the
interaction of a tip-vortex of a typical 727 Boe-
ing wing with the temperature field of an engine
exhaust plume. The results of the first appli-
cation have been compared with the available
experimental data. The comparison shows that
the computed results with the BL and SA mod-
els are in good agreement with the experimen-
tal data than those results with the KW model.-
The results of the second application are com- -
pared with those of the UNIWAKE code. The
UNIWAKE results show different motion of the
vortex center along with the exhaust plume as
it advances downstream, than that of the full
Navier-Stokes code. The difference is attributed
to the approximations associated with the UNI-
WAKE code.
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Figure 4: Comparison of surface-pressure coefficients with the experiment.
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Figure 11: Comparison of crossflow T and Ve contours at four downstream stations; left-FTNS3D,
and right-UNIWAKE.
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ABSTRACT

The tail buffet problem is a multi-disciplinary
problem which is solved using three sets of equa-
tions. The first set is the unsteady, compress-
ible, full Navier-Stokes equations which are used
for obtaining the flow-field vector and the aero-
dynamic loads. The second set is the aeroelastic
equations which are used for obtaining the bend-
ing and torsional deflections of the tail. The third
set is the grid-displacement equations which are
used for updating the grid coordinates due to the
tail deflections. For the computational applica-
tions a sharp-edged cropped delta wing of aspect
ratio 1.5 and a swept back vertical tail of aspect
ratio 1.4 placed in the plane of geometric symme-
try behind the wing are considered. The configu-
ration is pitched at angles of attack of 20° and 28°
which produce vortex breakdown flow of the delta
wing primary vortices for the transonic regime at
a Mach number of 0.85. The results show the ef-
. fects of the angle of attack and vortex breakdown
on the uncoupled bending-torsional responses.

INTRODUCTION

The ability of modern fighter aircraft to fly and
maneuver at high angles of attack and at high
loading conditions is of prime importance. This
capability is achieved, for example in the F/A-18
fighter, through the combination of the leading-
edge extension (LEX) with a delta wing and the
use of vertical tails. The LEX maintains lift at
high angles of attack by generating a pair of vor-
tices that trail aft over the top of the aircraft. The
vortex entrains air over the vertical tails to main-
tain stability of the aircraft. This combination of

LEX, delta wing and vertical tails leads to the air-
craft excellent high angle of attack performance.
However, at some flight conditions, the vortices
emanating from the highly-swept LEX of the delta
wing breakdown before reaching the vertical tails
which get bathed in a wake of unsteady highly-
turbulent, swirling flow. The vortex-breakdown
flow produces unsteady, unbalanced loads on the
vertical tails which in turn produce severe buffet
on the tails and has led to their premature fatigue
failure.

Experimental investigation of the vertical tail
buffet of the F/A-18 models have been conducted
by several investigators such as Sellers at al’., Er-
ickson at al?., Wentz® and Lee and Brown*. These
experiments showed that the vortex produced by
the LEX of the wing breaks down ahead of the
vertical tails at angles of attack of 25° and higher
and the breakdown flow produced unsteady loads
on the vertical tails. Rao, Puram and Shah®
proposed two aerodynamic concepts for alleviat-
ing high-alpha tail buffet characteristics of the
twin tail fighter configurations. Cole, Moss and
Doggett® tested a rigid, 1/6 size, full-span model
of an F-18 airplane that was fitted with flexible
vertical tails of two different stiffness. Vertical-
tail buffet response results were obtained over
the range of angle of attack from —10° to +40°,
and over the range of Mach numbers from 0.3 to
0.95. Their results indicated that the buffet re-
sponse occurs in the first bending mode, increases
with increasing dynamic pressure and is larger at
M = 0.3 than that at a higher Mach number.

An extensive experimental investigation has
been conducted to study vortex-fin interaction

*Professor, Eminent Scholar and Department Chairman, Associate Fellow AIAA.

1Ph.D. Student and Research Assistant, Member AIAA.
{Ph.D. Student and Research Assistant, Member AIAA.
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on a 76° sharp-edged delta wing with vertical
twin-fin configuration by Washburn, Jenkins and
Ferman’. The vertical tails were placed at nine
locations behind the wing. The experimental data
showed that the aerodynamic loads are more sen-
sitive to the chordwise tail location than its span-
wise location. As the tails were moved toward the
vortex core, the buffeting response and excitation
were reduced. Although the tail location did not
affect the vortex core trajectories, it affected the
location of vortex-core breakdown. Moreover, the
investigation showed that the presence of a flexible
tail can affect the unsteady pressures on the rigid
tail on the opposite side of the model. In a recent
study by Bean and Lee® tests were performed on
a rigid 6% scale F/A-18 in a trisonic blowdown
wind tunnel over a range of angle of attack and
Mach number. The flight data was reduced to a
non-dimensional buffet excitation parameter, for
each primary mode. It was found that buffeting
in the torsional mode occurred at a lower angle
of attack and at larger levels compared to the
fundamental bending mode.

Kandil, Kandil and Massey® presented the
first successful computational simulation of the
vertical tail buffet using a delta wing-vertical tail
configuration. A 76° sharp-edged delta wing has
been used along with a single rectangular verti-
cal tail which was placed aft the wing along the
plane of geometric symmetry. The tail was al-
lowed to oscillate in bending modes. The flow
conditions and wing angle of attack have been se-
lected to produce an unsteady vortex-breakdown
flow. Unsteady vortex breakdown of leading-edge
vortex cores was captured, and unsteady pressure
forces were obtained on the tail. These computa-
tional results are in full qualitative agreement with
the experimental data of Washburn, Jenkins and
Ferman’. An alternative simple model for simu-
lation of the buffet problem was used by Kandil
and Flanagan!® and Flanagan!!. In this model,
a configured circular duct was used to produce
vortex-breakdown flow through the interaction of
a supersonic swirling flow and a shock at the inlet
of the duct. Downstream of the vortex-breakdown
fiow a cantilevered plate was placed. The problem
was solved for the quasi-axisymmetric case.

Kandil, Kandil and Massey!? extended the
technique used in Ref. 9 to allow the vertical tail
to oscillate in both bending and torsional modes.

The total deflections and the frequencies of de-
flections and loads of the coupled bending-torsion
case were found to be one order of magnitade
higher than those of the bending case only. Also,
it has been shown that the tail oscillations change
the vortex breakdown locations and the unsteady
aerodynamic loads on the wing and tail.

Kandil, Massey and Sheta!3 studied the effects
of coupling and uncoupling the bending and tor-
sional modes for a long computational time, and
the flow Reynolds number on the buffet response.

In this paper, we consider the vortex break-
down flow in the transonic regime, M., = 0.85,
and a delta wing-swept back tail configuration.
Next, we address the effect of the angle of attack
(20° and 28°) on the deflection response of the
vertical tail and the vortex breakdown flow.

FORMULATION

The formulation of the problem consists of three
sets of governing equations along with certain ini-
tial and boundary conditions. The first set is the
unsteady, compressible, full Navier-Stokes equa-
tions. The second set consists of the aeroelastic
equations for bending and torsional modes. The
third set consists of equations for deforming the
grid according to the tail deflections. The litera-
ture shows various methods to move the grid. The
simplest method uses simple interpolation func-
tions such that the grid points adjacent to the
aeroelastic surface move with the surface while the
grid points at the computational-region boundary
do not move!*. The unsteady, linearized, Naviar-
displacement equations have also been used suc-
cessfully by Kandil at al. to move the g-id
dynamically’®~16. In the present paper, we use
simple grid interpolation to move the grid. Next,
the governing equations for each set are given

Fluid-Flow Equations:

The conservative form of the dimensionless, un-
steady, compressible, full Navier-Stokes equations
in terms of time-dependent, body-conformed co-
ordinates £, £? and €3 is given by

0Q  0Em O(Ew)
ot " aEm e

=0m=1-3,s=1-3 (1)



where
£ = £™(21, 22,23, 1) (2)

= 1
= _[Pspulspuz’pu&pe]t9 . (3)
J

E,. and (E.,), are the £™-inviscid flux and
£°-viscous and heat conduction flux, respectively.
Details of these fluxes are given in Ref. 9.

Aeroelastic Equations:

The dimensionless, linearized governing equations
for the coupled bending and torsional vibrations
of a vertical tail that is treated as a cantilevered
beam are considered. The tail bending and tor-
sional deflections occur about an elastic axis that
is displaced from the inertial axis. These equa-
tions for the bending deflection, w, and the twist
angle, 6, are given by

: [E'I(z)a >(z, t)] + m(z) 5 (z t)

+m(2)zo(2)‘5—2(2 t) = N(Z t) (4)

68 [GJ(z)ao] m(z)zg 3 (z t)

—Ia(z)ﬁ(z,t) = —M(z,1) (5)

where z is the vertical distance from the fixed
support along the tail length, !, EI and GJ the
bending and torsional stiffness of the tail section,
m the mass per unit length, I the mass-moment
of inertia per unit length about the elastic axis, z4
the distance between the elastic axis and inertia
axis, N the normal force per unit length and M,
the twisting moment per unit length. The char-
acteristic parameters for the dimensionless equa-
tions are c*, a2, p5, and c*/a’, for the length,
speed, density and time; where c* is the delta
wing root-chord length, a the freestream speed
of sound and p?, the freestream air density. The
geometrical and natural boundary conditions on
w and @ are given by

w 2w
w(0,8) = %(o,z):%;;(z,,t)
] w
= E[EI(I,)—()-;;(I,J)] =0 (6)
6(0,t) = gg'(lg,t)=0 (1)

The solution of Egs. (4) and (5) are given by

I
w(z,t) =Y ¢i(2)ai(t) (8)
=1
M
B(z,t)= Y @;(2)g;(1) (9)
j=i+1

where ¢; and ¢; are comparison functions sat-
isfying the free-vibration modes of bending and
torsion, respectively, and ¢; and g; are generalized
coordinates for bending and torsion, respectively.
In this paper, the number of bending modes, I,
is six and the number of torsion modes, M — I,
is also six. Substituting Eqs. (8) and (9) into
Egs. (4) and (5) and using the Galerkin method
along with integration by parts and the boundary
conditions, Eqs (6) and (7), we get the following
equation for the generalized coordinates g; and g¢;
in matrix form:

My, Mlz](fii)+[K11 0 ](Qi)
M3 Mj, g; 0 Ky g;

_ N\ i=1,2,...,1
- (Ng) ;j=I+1,....,M (10)

where
My = o mordidz
My = My = [} Tlnza¢r¢jd2 (11)
My, = fot Ts9s0;dz

Ku =l EITS‘?% } (12)

Kzz - ({' GJ dz dz

Ny = fy ¢, Ndz
NQ = é' ¢,M¢d2 (13)

Similar aeroelastic equations were developed
for sonic analysis of wing flutter by Strganac!’,
and Strganac, Mook and Mitchum’®. The nu-
merical integration of Eqs. (11-13) is obtained
using the trapezoidal method with 125 points to
improve the accuracy of integrations. The so-
lution of Eq. (10), for ¢;;¢ = 1,2,....,I, and
gi3J = f+1,...,M,is obtained using the Runge-
Kutta scheme Next w, and @ are obtained from
Eqgs. (8) and (9).



Grid Displacement Equations:

Once w and # are obtained at the n + 1 time step,
the new grid coordinates are obtained using simple
interpolation equations. In these equations, the
tail bending displacement, w:ﬂ, and the tail dis-
placement through the torsion angle, 0,";; are in-
terpolated through a cosine function. These equa-
tions for the y and z coordinates to the right side
of the tail and a head of its elastic axis are given

by

WH = e+ [0l + (X - 28,0 tan 2t
.'/Fj kT
Y 2 14
8 ( Y 2) (14)
z'nﬁ = k- [Az° - \/(Az°)2 - (Aw"+1)2]
20k T
—_— 1
Ccos ( 7 2) ( 5)
n+l1 n+1

where 2; ok and ¥ .k are the z and y coordi-

nates of a grid point at the n + 1 time step, 2k
is the original z coordinate of a tail grid point
and Az;, = 20., — 20,1, Y is the maximum y
coordinate from the tail-surface grid point to the
corresponding point at the right boundary of the
computational domain, Z is the maximum z coor-
dinate from the tail root to the upper boundary
of the computational domain and X is the x co-
ordinate of the tail elastic axis. These equations
result in displacing a grid point on the tail by the
total deflection due to bending and torsion and
keeping a grid point at the boundary fixed. Sim-
ilar equations are used for the other part of the
computational domain.

Boundary and Initial Conditions:

Boundary conditions consists of conditions for
the fluid flow and conditions for the aeroelastic
bending and torsional deflections of the tail. For
the fluid flow, the Riemann-invariant boundary
conditions are enforced at the inflow and outflow
boundaries of the computational domain. At the
plane of geometric symmetry, periodic boundary
conditions is specified with the exception of grid
points on the tail. On the wing surface, the no-
slip and no-penetration conditions are enforced
and gﬁ = 0. On the tail surface, the no-slip and
no-penetration conditions for the relative velocity

components are enforced (points on the tail sar-
face are moving). The normal pressure gradien: is
no longer equal to zero due to the acceleration of
the grid points on the tail surface. This equat.on
becomes g-g = —pa,.n, where a,; is the accelera-
tion of a point on the tail and # is the unit normal.

Initial conditions consist of conditions for the
fluid flow and conditions for the aeroelastic de-
flections of the tail. For the fluid flow, the ini-
tial conditions correspond to the freestream con-
ditions with no-slip and no-penetration conditions
on the wing and tail. For the aeroelastic deflec-
tions of the tail, the initial conditions for any po:nt
on the tail are that the displacement and veloc:ty
are zero, w(z,0) = 0, %‘tﬁ(z,O) =0,6z20) =0
and %f(z, 0)=0.

METHOD OF SOLUTION

The first step is to solve for the fluid flow problem
using the vortex-breakdown conditions and keep-
ing the tail as a rigid beam. Navier-Stokes equa-
tions are solved using the implicit, flux-difference
%pl"i.tting finite-volume scheme. The grid speed
—gt— is set equal to zero in this step. This step pro-
vides the flow field solution along with the pres-
sure difference across the tail. The pressure dif-
ference is used to generate the normal force and
twisting moment per unit length of the tail. Next,
the aeroelastic equations are used to obtain the
tail deflections, w; ;+ and 6; J.k+ The grid displace-
ment equations are then used to compute the new
grid coordinates. The metric coefficient of the co-
ordinate Jacobian matrix are updated as well as
the grid speed, %t:. This computational cycle is
repeated every time step.

COMPUTATIONAL APPLICATIONS

Delta Wing-Vertical Tail Configuration:

The delta wing-swept back vertical tail configu-
ration consists of a 65° swept back, sharp-edged,
cropped delta wing of aspect ratio 1.5 and crop-
ping ratio (tip length/root-chord length) 0.15, and
a 53.5° swept-back vertical tail of aspect ratio 1.4,
which is placed in the plane of geometric symme-
try. The tail has a span of 0.222 and a root chord
of ¢; = 0.2527 with taper ratio of 0.23. The lead-
ing edge of the tail root is located at .06 down-
stream the wing trailing edge. The lower edge
of the tail is along the wing axis and the tail ‘s



¢lamped at that edge. The freestream Mach num-
ber is 0.85 and the Reynolds number is 3.23 mil-
lion. The wing angle of attack has been chosen
as 20° and 28°. An O-H grid of 65X43X95 grid
points in the wrap-around, normal and axial di-
rections, respectively, is used for the solution of
the fluid-flow part of the problem. The grid lines
in the wake region has been modified to accommo-
date the tail topology. Figure 1 shows a typical
grid and a blow-up of the wing-tail configuration.

Initial Conditions (Fluid-Flow Problem),
a = 20°%:

Keeping the tail rigid, the unsteady, compress-
ible, full Navier-Stokes equations are integrated
time accurately using the implicit, flux-difference
splitting scheme of Roe to a dimensionless time,
t = 10. Figure 2 shows a three-dimensional view
and a top view for the wing-rigid tail configura-
tion. The vortex breakdown of the leading-edge
vortex core and the stagnation pressure distri-
bution are shown in the figure. The cross flow
beneath the primary vortex reaches supersomic
speeds and a ray shock develops beneath the pri-
mary vortex. The leading-edge vortex core passes
through another transverse shock known as a ter-
minating shock at z = 0.83 which causes the vor-
tex core to breakdown at z = 0.85.

Figure 3 shows the static pressure contours
on the wing surface and symmetry plane. A sub-
stantial supersonic pocket which is bounded by
the terminating shock and the ray shocks (shocks
beneath the primary vortex cores) is observed on
the wing plane. Figure 4 shows the Mach con-
tours and streamlines on a vertical ray plane (ray
D) which passes through the vortex breakdown.
The streamlines conclusively show a two-bubble
cell vortex breakdown. The Mach contours show
that the front surface of the vortex breakdown
bubbles is enclosed by a hemispherical shape-like
shock surface. Figure 5 shows the static-pressure
variation along ray lines from the wing vertex.
These curves show the spanwise locations of sev-
eral points on the foot-print line of the terminat-
ing shock. The terminating shock is clearly seen
to run in the spanwise direction from the plane of
symmetry to the wing leading edge.

The solution at the present time step is taken
as the initial conditions for the next case of the
aeroelastic tail response.

Uncoupled Bending-Torsion Tail

Response, a = 20°:

The tail is treated as a swept back beam with
thickness d = 0.005. The tail material dimen-
sionless modulii of elasticity and rigidity, E and
G are 1.8X10° and 0.692X 10%, respectively. The
mass per unit length of the tail varies linearly
from the tail root, m, = 0.033, to the tail tip,
m; = 0.0076 and the mass-moment of inertia
per unit length varies linearly from the tail root,
Iy, = 1.75X1074, to the tail tip, Ip = 2.1X10-S.
For the coupled bending-torsion case, the elastic
axis is assumed to exist upstream the inertia axis
with a distance of z5 = —0.02. For the uncoupled
bending-torsion case, g = 0.0.

Figures 6-8 show the results of the uncoupled
bending-torsion responses of the tail. Figure 6
shows four pairs of responses. The first pair is
for the variation of the bending deflection, w,
and torsional deflection, #, along the tail height
z every 2000 time step. The bending and torsion
responses are mainly of the first-mode shape type.
The second pair of responses show the variation of
the normal force and twisting moment along the
tail height z every 2000 time steps. The third and
fourth pairs show the bending deflection, normal
force, torsional deflection and twisting moment
variation at the tail tip and its midpoint versus
the number of time steps (it = 20,000 or ¢t = 20
starting from the initial condition). It is observed
that the frequency of the normal force and the
twisting moment are almost the same as that of
the bending deflection and the torsional deflec-
tion, respectively. Figure 7 shows the combined
response, Wy, of the bending and torsional de-
flections along the tail height every 2000 time
steps. Figure 8 shows a three-dimensional view
and a top view of the wing-deformed tail config-
uration at it = 20,000. Comparing this figure
with Fig. 2 (Initial condition with rigid tail), the
terminating shock moves upstream to z = 0.5 and
becomes weaker and smeared. The vortex break-
down occurs immediately after the terminating
shock. Another shock is observed downstream of
the original terminating shock and is accompa-
nied by another breakdown. The breakdown flow
is slightly asymmetric. This conclusively shows
the substantial upstream aerodynamic effects of
the tail bending and torsional deflections.



Initial Conditions (Fluid-Flow Problem),
a = 280:

Keeping the tail rigid, the angle of attack is in-
creased to 28°. The other flow conditions are kept
the same as those of a = 20°. Figure 9 shows a
three-dimensional view and a top view of the vor-
tex breakdown of the leading-edge vortex cores
and the stagnation pressure contours. The vortex
breakdown flow moves upstream covering almost
all of the wing planform. Figure 10 shows the
Mach contours on a constant K plane near the
wing surface and on the plane of symmetry. The
supersonic pocket on the upper wing surface ex-
panded in the spanwise direction to cover all of the
wing planform, and part of the transverse termi-
nating shock moved downstream ahead of the ver-
tical tail location. Figure 11 shows the variation of
static pressures along ray planes originating from
the wing planform vertex. It is observed that sev-
eral transverse shocks exist; one near the wing ver-
tex at z/c = 0.2, a second one at z/c = 0.9 and a
third one ahead of the tail location at z/c = 1.06.

Uncoupled Bending-Torsion Tail
Response, a = 28°;

Figures 12-15 show the results of this case. Figure
12 shows the same sequence of results as those of
Fig. 6. Comparing the results of Fig. 12 with
those of Fig. 6, it is observed that the bending
and torsional deflections of Fig. 12 are 4-5 times
as those of Fig. 6. Moreover, the frequencies of
the bending and torsional defiections and loads of
Fig. 12 are lower than those of Fig. 6. The aero-
dynamic damping of the case of Fig. 6 is higher
than that of the case of Fig. 12. The net deflec-
tion of Fig. 13 is 4 times higher than that of Fig.
7. Figure 14 shows a three-dimensional view of
the vortex breakdown of the leading-edge vortex
cores and the stagnation pressure at it = 20, 000.
It is observed that the leading critical points of
the vortex breakdown near the wing vertex are
asymmetric. Figure 15 shows the Mach contours
on a constant K plane near the wing surface and
on the plane of symmetry. The Mach contours on
the wing surface show strong asymmetry with one
side having a subsonic flow and the other side hav-
ing a supersonic flow. It is observed that a shock
near the plane of symmetry and originating from
the wing vertex exists.

CONCLUDING REMARKS

The tail buffet problem due to the unsteady aero-
dynamic loads induced by the vortex-breakdown
flow of the wing leading-edge vortices has teen
simulated computationally and efficiently using a
delta wing-swept back vertical tail configuration.
The wing aspect ratio and flow conditions (tran-
sonic regime) have been carefully selected in order
to produce unsteady vortex-breakdown flow. The
solution has demonstrated the development of the
tail buffet due to the unsteady loads produced by
the transonic vortex-breakdown flow. The prob-
lem is a multidisciplinary problem which requires
three sets of equations to obtain its solution.

In the present paper, the CFD solver is the
implicit, upwind, Roe flux-difference splitting
scheme.

The focus of this paper is to study the buf-
fet response in transonic flow at different angles
of attack. It is conclusively found that the :ail
oscillations have a substantial upstream effect on
the vortex breakdown of the leading-edge voriex
cores, although a supersonic pocket exists on the
wing upper surface. By increasing the angle of
attack from 20° to 28%, the vortex breakdown
flow becomes stronger and the corresponding un-
steady normal forces and torsional moments on
the tail become larger resulting into substantially
higher deflections with lower frequencies. Unlke
the results obtained in Ref. 13 for subsonic vortex
breakdown flows and a delta wing-rectangular ver-
tical tail configuration, the aerodynamic loads and
the deflections in the present case never reached
periodic response and their loads were one order of
magnitude lower than those of Ref. 13. These re-
sults are in a qualitative agreement with the ccn-
clusion reached by Cole, Moss and Doggett of Ref.
6; That the buffet deflections become larger as the
Mach number is decreased.
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An O-H grid of 65X43X95 grid points in the wrap-around, normal

and axial directions and a blow-up of the wing

Fig. 1
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Fig. 3  Pressure contours on the wing surface and plane of symmetry for the
initial conditions, a = 20°, At = 0.001, ¢t = 10, 000.
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vortex-breakdown, a = 20°, At = 0.001, :t = 10, 000.
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Fig. 8  Three-dimensional view and a top view of the wing-tail configuration
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Fig. 9  Three-dimensional view and a top view of the wing-tail configuration
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Fig. 10 Mach contours on a constant K plane near the wing surface and on the
plane of symmetry, a = 28°, At = 0.001, it = 10, 000.
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Fig. 13 Net deflection of the tail leading edge for the uncoupled bending-torsion

case, a = 28°, At = 0.001, :t = 10,000 — 30, 000.
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Fig. 14 Three-dimensional view and a top view of the wing-tail configuration
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Fig. 15 Mach contours on a constant K plane near the wing surface and on the
plane of symmetry, o = 28°, At = 0.001, it = 20, 000.
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